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Subsistemas I

T́ıpicamente, un veh́ıculo espacial se considera como un
sistema dividido a su vez en varios subsistemas. Por ejemplo:

1 Configuración y estructura.
2 Propulsión.
3 Sistemas de potencia eléctricos.
4 Control de órbita.
5 Control de actitud.
6 Telemetŕıa, telemando, comunicaciones.
7 Control térmico.
8 Electrónica y software.

A estos subsistemas habŕıa que añadir el análisis y diseño de
misión que determina los requisitos y necesidades de los
subsistemas.

Esta descomposición atiende no sólo a disciplinas, sino
también a motivos de proyecto y/o comerciales: reparto de
tareas, multitud de subcontratistas, etc...
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Subsistemas II

La base de diseño de los diferentes subsistemas es el entorno
espacial, donde el veh́ıculo desarrollará la mayor parte de su
vida; éste entorno es particularmente hostil.

La responsabilidad de supervisar y controlar la integración de
los diferentes subsistemas en un todo operativo que cumpla
las especificaciones del proyecto recae sobre el ingeniero de
sistemas.

T́ıpicamente se ha de llegar a una serie de compromisos
(tradeoffs) entre los diferentes subsistemas para cumplir con
éxito el objetivo de la misión. El análisis de estos compromisos
(tradeoff analysis) es una tarea esencial en el diseño; éste
proceso es en parte heuŕıstico (basado en la experiencia) y en
parte un proceso de optimización matemática.

Las tareas de certificación de los diferentes subsistemas son a
veces tan complejas como el propio diseño.
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El entorno de un veh́ıculo espacial

Un veh́ıculo espacial estará expuesto a diversos entornos a lo
largo de su ciclo de vida total:

Manufactura y transporte (entorno terrestre): salas limpias.
Lanzamiento: el más “traumático” desde el punto de vista
estructural.
Atmósfera: breves minutos.
Entorno espacial: es su entorno operacional.
Otros: reentrada, otras atmósferas planetarias (p.ej. la
atmósfera de Venus tiene nubes de H2SO4).
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Manufactura

El proceso de manufactura de un veh́ıculo es un proceso largo
que puede tomar de 5 a 10 años, t́ıpicamente, incluyendo los
ensayos y pruebas funcionales.
Además muchas veces es un proceso
multinacional/multicompañ́ıa, de forma que diversas partes
son manufacturadas en sitios distintos.
Por otro lado en ocasiones es necesario almacenar
componentes durante meses o incluso años.
Es necesario un control ambiental muy estricto: salas limpias.522 Spacecraft Manufacture and Test 12.2 

the steps are completed. This paper becomes part of the permanent record of the 
assembly. Inspection and test results are also part of the record, and some installations 
include photographs of each assembly. 

Manufacturers buy most mw materials from certified vendors. who certify the 
material quality. They buy electronic piece parts to meet individual specifications 
which call out performance and quality requirements. Under current pmctices. high-
reliability electronic parts are constructed for a particular program. Such procurement 
takes a long time. and most parts undergo extensive testing before combining into 
components. Flight hardware usually requires the highest level of reliability. which in 
the past has been called S-level. Lower reliability parts may work for prototype and 
qualification units not intended for flight. In addition to vendor lead times. each part 
order must be bid and negotiated, which adds weeks to the procurement time. The cur-
rent pmctice is to have the part supplier test each part for performance (group A tests) 
and a sample from each lot to extremes (group B and C tests). The manufacturer burns 
the parts in while monitoring their performance and does a destructive physical anal-
ysis (DPA test) on a sample. 

The industry is currently undergoing a major revision in the way that parts are spec-
ified and procured. In the Department of Defense this is called "Acquisition Reform" 
and is chamcterized by elimination of govermilent specifications and standards for 
parts and processes. Industry is expected to replace these specifications and standards 
with their own controls or use Professional Society Standards. A consistent set of such 
standards is not yet in place although efforts are under way to produce them (see for 
instance AlAA Recommended Practice for Parts AIAA R-1OO-1996). 
Extensive parts information is also available on the Internet at Air Force and NASA 
sites. 

To contend with the lead times for parts and materials. manufacturers must order 
them before they see component engineering data. Thus. we establish a Project 
Approved Parts List (PAPL) and Project Approved Materials List (PAML) early in 
the program. Because designers must use the preferred part or identify and justify 
new parts. these approved lists reduce the number of part types and allow early 
procurement. 

Manufacturing facilities cover mechanical manufacturing, electronic manufactur-
ing, spacecraft assembly and test, and special functions. Mechanical manufacturing 
includes standard machine shops, plus locations for mechanical assembly, plating and 
chemical treatment, composite manufacture, adhesive bonding, and elevated temper-
ature treatment. Although most aerospace facilities are quite clean,mechanical 
manufacturing does not normally need controlled c1eanIiness. But electromechanical 
and optical manufacturing, as well as the tailoring of thermal blankets, do need 
controlled clean rooms-normally sepamte from conventional mechanical manufac-
turing. Table 12-5 shows c1eanIiness requirements for various opemtions. 

Electronic manufacturing facilities include areas for building printed circuits and 
clean rooms for buildfug and testing electronic assemblies. Test facilities may include 
anechoic chambers and screen rooms containing various types of geneml-purpose test 
equipment as well as special purpose testers for circuit boards and components. 
Component tests may also require environmental test faciIities. 

Spacecraft assembly and test opemtions are normally conducted in controlled-
cleanliness facilities, which are often high-bay hangars. Spacecraft functional tests are 
conducted with special purpose test sets. Spacecraft environmental testing requires 
large vibmtion and thermal-vacuum equipment. 

12.3 Inspection and QnaHty Assurance 523 

TABLE 12-5. FacUlty Cleanliness Requirements (FED STD 209). Class 10,000 means less 
than 10,000 particles per cubic foot. 

Faclllty/OperetJon Cleanliness. 

Mechanical Manufacturing 
Bectronic Assembly 
Bectromechanlcal Assembly 

Inertial Instruments 
Optical Assembly 
Spacecraft Assembly and Test 

Not controlled 

Class 10,000 

Class 100 

Class 100 
Class 100 

Cless 100,000 

Many times a spacecmft will need a special facility to 
or prevent outside interference. Because optical IS sensItive . 
contamination. it must be u1tm-clean. Payload that 
temperatures, absence of magnetic fields, or RF lsolation call for spectal facilities 
which may increase program cost and schedule. 

12.3 Inspection and Quality Assurance 

Quality assurance verifies that the manufacture and testing the and its 
com nents conform to engineering data. MIL Q 9858A descnbes quality assurance 
for :itary progmms. Table 12-6 lists its elements: quality. program management, 
facilities and standards control of purchases, and manufacturmg control. . 

A key element in quality program is establishing ?n PJ'O?ucti?n flow 
where we can make sure the hardware construction compbes WIth Its data 
before the next step keeps us from inspecting it. In S?me cases. the process 
on the production line will ensure the hardware quality. Process mspection and control 
thus substitutes for direct test. . 

We must also verify that vendors supplying spacecraft hardware: 
quality assurance progmms by certifying their progmms and penodicaIly auditing 
their performance. . proced. . 

Test surveillance involves certifying test equipment and. ures, wttnessmg 
tests, approving test records, and reviewing results. Test eqwpment COJ)-
forms to a reduced set of controlled engineering data such assembly 
dmwings, parts lists, wire lists, panel and test procedores. 
Test surveillance personnel certify the construction and caIibmtion of the test set. They 
approve hardware tests and they prepare and control the test data package. They also 
formally review test before the next proceeds .. Generally, the test 
conductor chairs the test review board, but test surveillance proVldes the records and 
documents the results for the archives. . 

Quality assurance must maintain data records for tests and failures. Often 
quality-assurance people keep all failed parts and record and anomaly remits. 
so they can identify repetitive failures and correct the desIgn weakilesses. AlthDugh 
formal procedures govern tests, troubleshooting may deviate from them. For sucb 
opemtions. quality assurance approves and maintains records of the exact steps 
involved. 
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Transporte y ensamblaje

El transporte hasta la base de lanzamiento se realiza por aire,
barco o en camiones acolchados. Se deben medir las
vibraciones recibidas y asegurarse de que se cumplen los
ĺımites prescritos para las diversas partes.
En la base de lanzamiento se completa el ensamblaje y se
terminan las pruebas, inclúıdo t́ıpicamente las pruebas del
sistema propulsivo.r 

I 

530 Spacecraft Manufacture and Test 12.6 

deployable units are tested in parallel With the spacecraft. An ambient comprehensive 
system test and mechanical verification series complete the qualification. Integrated 
system tests (shorter functional tests) supplement this sequence between each environ-
mental exposure and during TV test. 

• MechanIca!Iy IntegJate 
the Spamcraft 

• Assemble Structure 
• \ntegTate Propulsion 
• InstaD E1ec1ron1cs 

• Comprehar1sIv& System 
Test 

• Test of aD SysIems WhIle 
ThermaDy cycJing 

• Temperature Chamber 

• Deployable Release Test 
• Rre Release Devices 

and Verily Rrat Motion 

Remove Solar Array 
and DeployabJes 

InstaD Solar Array 
and DepIoyabJes 

• VIbration Test 
• Low Frequency Sine 
Waves Sweep 

• AoousIIc Test at 
Quallllcalion Level 

• AoousIIc Chamber 

• Thermal Vacuum Test 
In Launch ConfIguration 

·TVChamber 

• Thermal Vacuum Test 
In 0IbIIaI ConfIguration 

·TVChamber 

• Solar" Array Test 
• Rash Chamber 

Fig. 12-5. TypIcal Flow of Qualmcatlon Test. Note that system tests are performed after each 
major activity. 

During the qualification sequence, the test Crew records all anomalies or out-of-
tolerance measurements and formally resolves each discrepancy. Anomalies which 
result from operator error or malfunctioning test equipment and which do not damage 
!he are easy to resolve. But spacecraft malfunctions demand thorough 
mvestigation. If design errors have caused the problems, the design must be corrected 
and retested. require rerun of an integrated system test (or all 
affected subroutines) if any electncal, pneumatic, or hydraulic lines are disconnected. 

12.6 Launch Site Operations 

travel either by air or on air-cushioned trailers. Crews record vibration 
durmg packaging conforms to the specified environment. 
Lau.nch-slte operations mclude installing and validating the test equipment (EAGE) 

the spacecraft's performance, installing propulsion (AKM),loading 
mating to its launch vehicle, installing ordnance, and monitoring. Crews 
may !light batteries at the launch site. Figure 12-6 shows a typical flow of 
launch-SIte actiVIties. 

12.6 

• Receiving Inspecl!on 
• Test propulsion 
• Check for Leaks 

EAGE Validation 

InstaDAKM 

CheckMating 
and Interfaces 

Launch Site Operations 

- Load Propellant 
• InstaD Separation 

OrdnanCe 

• Charge Battery 
-Test SpeceCraIt Functions 
on Stand 

.1bp off Battery 

InstaD Solar-Array 
Ordnance 

AKM Readiness Test 

• Encapsulate Shroud 
• Transport to Launch Pad 

Countdown and Launch 

531 

Rg.12-6. TypIcal launch-Site Activities. The time required for launch site activity may vary 
from several months to several days. 

Normally, one of the launch-site test hangars houses the spacecraft test set for 
performance testing nearby. Crews install propulsion in an explosive ordnance area. 
They mate the launch vehicle and spacecraft. load propellant, and install ordnance on 
stand. Trained people conduct these hazardous tasks, using appropriate equipment and 
safeguards. Some spacecraft components can be replaced at the launch site and even 
on stand, but restricted access to the spacecraft usually makes replacement difficult. 
Much time at the launch site goes simply to monitoring the spacecraft's state of health 
through hard-line connections or, during some integrated tests, through RF Jinks. 
Spacecraft commanding is strictly controlled. Launch procedures include configuring 
the spacecraft for launch and removing hard lines. 
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Lanzamiento y atmósfera
Somete al veh́ıculo a vibraciones y aceleraciones intensas
durante un breve tiempo.
Picos de vibración: uno inicial (arranque del motor y reflejo
desde el suelo) y otro durante el vuelo transónico.
Aceleración: depende del número de etapas.
Es importante controlar el número de g’s, especialmente en
veh́ıculos tripulados. Conviene tener soporte lumbar.

14 THE SPACECRAFT ENVIRONMENT AND ITS EFFECT ON DESIGN 
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Figure 2.3 Ariane static acceleration profile (Reproduced by permission of Arianes-
pace (2)) 

at stage burnout, with the actual value being heavily dependent upon the payload mass. 
Thus fer a 50kg payload at stage 3 burn-out, the 30- acceleration is 13go [4]. However, 
for the near maximum payload of 600 kg this has fallen to nearly 45go (go is the surface 
gravitational acceleration, 9.8 mls2). These figures may be compared to Shuttle, which has 
a peak acceleration of 3 go. Design data currently available for Ariane 5 indicates peak 
acceleration values during various mission events. These are provided in Table 2.1. 
. For manned flight, it is necessary to place the astronaut in a suitable position to with-

stand peak acceleration levels; Figure 2.4 shows the typical maximum levels that may 

PRE-OPERA TIONAL SPACECRAFT ENVIRONMENTS 2.2 

Table 2.1 Acceleration values for Ariane 5 launch vehicle [3] 

flight Event 

Lift-off 
Maximum dynamic pressure 
P230 oscillations 
HISS thrust tail-off 

Static 

-1.7 
-2.7 
-4.25 
-0.2 

Acceleration (go) 

Longitudinal 

Dynamic 

+/-1.5 
+/-0.5 
+/-1:75 
+/-1.4 

Figure 2.4 Typical tolerance to sustained linear accelera-
tion as a function of direction of acceleration 

15 

Lateral 

Static dynamic 

+/-1.5 
+/-2 
+/-1 
+/-0.25 

be withstood. Greatest protection is provided when the astronaut is on his or her back 
during launch. 

Mechanical shock is experienced when devices such as latches or explosive bolts are 
used. or at ignition of rocket motor stages and their subsequent separation, launch vehi-
cle/payload separation, or when docking or landing. 

These instantaneous events can provide extremely high-acceleration levels lasting only 
a few milliseconds locally, or in some cases, extending to the complete system. Their 
frequency spectrum is characterized by high-frequency cOD;lponents. In the case of Ari-
ane 4, during payload separation the peak excitation that the satellite must survive is some 
2000go at frequencies above 15kHz. For Ariane 5, the peak shock occurs above 3kHz, 
with a design requirement to survive 1000go. For Pegasus, the highest shock loading is 
experienced above a frequency of 1.5 kHz where the design load is 35OOgo . 

The thermal environment experienced during launch is determined generally by the tem-
perature reached by the launch shroud. Its high temperature arises from the aerodynamic 
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Lanzamiento y atmósfera

Se producen grandes cargas térmicas por fricción con la
atmósfera. No obstante, estas cargas son fundamentalmente
absorbidas por la cofia (shroud) del veh́ıculo lanzador, que
protege la carga de pago.
Rápida despresurización: puede causar problemas
estructurales.
Interferencia electromágnetica: es peligrosa sobre todo si
activa algún componente del veh́ıculo antes de tiempo (por
ejemplo una etapa).
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El entorno espacial

Entorno espacial:

Vaćıo (“total”, parcial)
Plasmas
Campos electromagnéticos
Ingravidez
Radiación
Micrometeoritos
Basura espacial
Cargas térmicas

Estará muy condicionado por:

La órbita
La fase de la misión
La orientación (actitud)
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Ingravidez

Ingravidez: un veh́ıculo espacial puede experimentar entre
10−3 y 10−11 g (microgravedad), debida no sólo a la gravedad
a una variedad de efectos perturbadores, p.ej. presión solar,
rozamiento aerodinámico.
Gradientes gravitatorios: la atracción gravitatoria es más
fuerte en la parte del veh́ıculo más cercana a la Tierra. De
importancia en grandes veh́ıculos y en estructuras flexibles.
Beneficios: uso de estructuras ligeras.
Otras diferencias: fluidos (se requiere convección forzada,
sistemas de vaciado).
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La atmósfera en órbita baja

Hasta los 86 kilómetros aproximadamente la atmósfera es más
o menos homogénea. A partir de dicha altura (ionosfera), los
procesos fotoqúımicos perturban la homogeneidad; en
particular absorción de luz ultravioleta disocia el ox́ıgeno.

A partir de 120 kilómetros los componentes de la atmósfera
están desacoplados, pero su densidad, ya muy baja, depende
mucho de la actividad solar. Se puede hablar de vaćıo parcial.

La temperatura también experimenta una gran variabilidad,
aunque no es muy importante (ya que no existe apenas
transferencia de calor por conducción o convección).

En la exosfera (sobre unos 800 kilómetros en adelante) se
puede considerar que no hay atmósfera. En GEO (unos 36000
kilómetros de altitud) la densidad de part́ıculas es similar a la
del medio interplanetario.
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Figure 2.10 Species concentration (a) in US standard atmosphere and (b, c) under 
extreme conditions 

For detailed calculation of the atmosphere, a variety of models are available (e.g. Refer-
ences [8,9]). Each of these requires the specification of a temperature at some height, and 
then by using a pre-defined temperature profile, the density may be determined through 
equation (2.1). Figure 2.11 shows the general form of such profiles. It can be seen from 
this that at extreme altitudes the temperature tends to a limiting value, the so-called exo-
spheric temperature, Too. Within the exosphere the atmosphere is effectively isothermal. 
Too rises through increased solar activity; most models relate it to the flux of solar radia-
tion at 10.7 em (FIO.7) through an algorithm, and also include the effects of geomagnetic 
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activity, stimulated by the interaction of the solar wind and the Earth's magnetic environ-
ment or magnetosphere (see below). Since under conditions of hydrostatic equilibrium. 
the density falls from that at sea level, PsL, at a rate 

(
-gM' ) P = PsLexp --' Z 
R*T 

(2.2) 

then for a given altitude, the atmospheric density will increase with solar activity and this 
will result in reduced lifetimes for low orbiting vehicles. 

Equation (2.2) provides the simplest formulation for air density as a function of altitude 
and other more sophisticated analytic descriptions have been developed to yield expres-
sions for the rate of orbit decay in low Earth orbiting (LEO) vehicles. The pioneering work 
of King-Hele in this field [10] provides the most comprehensive of these analytic models, 
which have the potential to describe the variation of scale height in the atmosphere with 
altitude, and the effects of oblateness and atmospheric rotation. Whilst these expressions 
can become complex, for the case wherein only scale height variations around a single 
orbit are concerned, the equivalent density may be written: 

(2.3) 

where suffix p refers to conditions at perigee of the orbit, H is the scale height and fLo, the 
altitude gradient of H, is a constant of order of the eccentricity of the orbit (see Chapter 4). 
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activity, stimulated by the interaction of the solar wind and the Earth's magnetic environ-
ment or magnetosphere (see below). Since under conditions of hydrostatic equilibrium. 
the density falls from that at sea level, PsL, at a rate 

(
-gM' ) P = PsLexp --' Z 
R*T 

(2.2) 

then for a given altitude, the atmospheric density will increase with solar activity and this 
will result in reduced lifetimes for low orbiting vehicles. 

Equation (2.2) provides the simplest formulation for air density as a function of altitude 
and other more sophisticated analytic descriptions have been developed to yield expres-
sions for the rate of orbit decay in low Earth orbiting (LEO) vehicles. The pioneering work 
of King-Hele in this field [10] provides the most comprehensive of these analytic models, 
which have the potential to describe the variation of scale height in the atmosphere with 
altitude, and the effects of oblateness and atmospheric rotation. Whilst these expressions 
can become complex, for the case wherein only scale height variations around a single 
orbit are concerned, the equivalent density may be written: 

(2.3) 

where suffix p refers to conditions at perigee of the orbit, H is the scale height and fLo, the 
altitude gradient of H, is a constant of order of the eccentricity of the orbit (see Chapter 4). 
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Vaćıo “parcial”

Vaćıo “parcial”: En órbita cercana a la tierra (LEO) existe una
atmósfera residual que interactuará de forma significativa con
el veh́ıculo
Dicha atmósfera residual puede modificar la órbita del
veh́ıculo (“orbit decay”) por efectos de rozamiento.
Oxidación y erosión: en LEO los flujos de ox́ıgeno son muy
pequeños, del orden de 1014 part́ıculas/cm2/s. Sin embargo:

Es ox́ıgeno monoatómico (O, no O2 molecular como en la
Tierra, mucho más reactivo)
A altas velocidades relativas (las de los veh́ıculos en LEO, del
orden de 7 o más km/s).

Los materiales vulnerables (por ejemplo, plata) pueden ser
fácilmente destruidos con relativa rapidez.
La interacción con el O produce un brillo (como un halo) en
torno al veh́ıculo.
Ionización de gases en vaćıo parcial: puede provocar arcos y
afectar el equipo electrónico. 14 / 74
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Vaćıo

Vaćıo: determinante en el diseño de veh́ıculos espaciales.
Muchos materiales modifican su masa y/o sus propiedades:

Los gases (t́ıpicamente vapor de agua) adsorbidos en capas
exteriores son liberados
La presión ambiente es igual a la presión de vapor del material
(10−11 a 10−15), lo que produce evaporación de capas
superficiales del propio material.

Este proceso, denominado desgasificación o outgassing, se
amplifica si la temperatura aumenta.
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variety of temperatures is shown in Table 2.8 but they do not apply to alloy materials or 
those having a covering surface layer of a different material. Since the precise surface 
conditions of orbiting vehicles are difficult to determine, particularly for vehicles in LEO, 
exact figures for mass loss are not at present available. Whilst structural problems arising 
because of outgassing are unlikely, the subsequent deposition of the material is hazardous 
to both optical and electrically sensitive surfaces. Thin plastic layers and oxide coatings 
are particularly sensitive to mass loss, especial]y if the material is used for its thermal 
properties; if mass loss is associated with specific constituents then modified emissive 
properties may result. 

For plastic materials, high-vapour-pressure components evaporate rapidly, although ini-
tially mass loss is usual]y associated with the loss of adsorbed gases and water vapour. 

Traditional lubricants used on the ground are clearly not appropriate to spacecraft 
operation. Generally, they have high vapour pressure and would thus outgas rapidly, but 
in many the lubricative action arises because of the presence of adsorbed gases and water 
vapour. Whi]st ]ow-vo]atility oils are used, solid lubricant coatings such as MoS2 are 
frequently adopted. Reference [11] provides a detailed listing of NASA recommended 
lubricants (but see also Chapter 15). 

Atomic oxygen erosion 

The atmospheric composition shown in Figure 2.10 indicates that atomic oxygen forms 
the major atmospheric species in LEO. Following the severe erosion noted for Kapton on 
STS3 [25], it has become apparent that atomic oxygen provides an aggressive environment 
for materials used on space vehicles in LEO. This arises not only from its chemical 
activity, but most significantly from the fact that its atoms are travelling at -BkmJs 
relative to the vehicle (due to the vehicle's orbital velocity). Silver is one of the few 
metals attacked by this environment, so due to its extensive use on solar arrays, it is 
important to avoid bare silver exposure. 

The interactions between the oxygen atoms and the spacecraft surfaces are erosion, 
formation of stable oxide, scattering or reflection and chemi]uminescent glow. When 
erosion takes place volatile products are formed, causing surface recession. Erosion rates 
are usual]y quoted in terms ofyie]d in units of 10-24 cm3/atom. Erosion yields range from 
0.01 to 0.09 for materials like aluminium-coated kapton, FEP teflon and silicones at the 
low end, to between 2 and 4 for polyethylene, Kapton-H and Z-302 (glossy black) [26]. 
For a comprehensive compilation of yields, see Reference [27]. 

Table 2.8 Temperature for given sublimation 
rate ("C) 

Element O.II1m1yr IOI1m1yr Immlyr 

Cd 38 77 122 
Zn 71 ]27 ]77 
Mg 110 171 233 
Au 660 800 950 
1i 920 1070 1250 
Mo 1380 1630 1900 
W 1870 2]50 2480 
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The net effect of this erosion interaction is to degrade the material properties (optical. 
thermal, mechanical and electrical) irreversibly, and so this must be taken into account 
when choosing materials for optical and thermal control coatings, structural material, ther-
mal blankets, solar panels and optical components. Analysis of the NASA Long Duration 
Exposure Facility (LDEF), which spent 5.B years in LEO and was retrieved in January 
1990, has increaSed our understanding of the mechanism of atomic oxygen degradation. 

Stable oxide formation can lead to significant property changes. For example, mo]yb-
denum disu]phide, which is a lubricant, can oxidize to create an abrasive oxide [2B]. 
Dimensional changes can also occur, leading to cracking in the formation of a surface 
oxide layer on silicone (due to contraction and expansion), and spalling in the case of 
oxidation of silver. 

Indirect impingement caused by ram atoms scattered from adjacent surfaces can lead 
to erosion of surfaces 'shadowed' from direct attack [27]. The chemiluminescent glow 
at visible wavelengths, observed on the Space Shuttle and around small spacecraft [29], 
is currently thought to be caused by surface mediated 0 + NO recombination, forming 
excited NOz molecules that then radiate [30]. 

Some work has been done on the use of protective coatings that are resistive to the 
attack of atomic oxygen [26], but the problems of either manufacture·induced pinholes 
or those created by debris/micrometeoroid impact must be overcome. • 

Simulation of the atomic oxygen environment has become particular]y important and 
there is much active research due in part to the material requirements for the international 
space station (ISS). Further information on this critical· feature of the environment may 
be found in References [31] and [32]. 

Material strength and fatigue life are also affected by a high-vacuum environmenL 
Generally, fatigue life is improved. For many materials, it may be extended by more than 
an order of magnitude [33], although in some cases, for example, pure nickel and Inconel 
550, the improvement is uncertain [33,34]. The physical reasons for such changes in 
mechanical properties, and also changes in strength, are believed to arise because of one 
of two principal reasons. One of these is that gases absorbed into surface cracks either 
aid or hinder crack propagation. The second possible physical cause is that oxidation 
and gas diffusion absorbed into the material bulk influences material properties. A we]]-
documented example of a material whose strength is improved in vacuum is that of glass, 
wherein a threefold improvement in strength has been noted at a pressure that is one 
thousandth that of atmospheric pressure. 

Embrittlement is a form of material damage that is caused by exposure to UV radiation. 
Many polymers are particularly sensitive to such photons, whose energy is high enough 
to modify their chemical bonding structure. 

Ultravio]et exposure also causes electrical changes in the form of resistivity modifica-
tion, and optical changes affecting both thermal charact«:.fistics and opacity. A particu]arly 
UV-sensitive element is the solar array. More specifically the solar cell coverglass and 
its attendant adhesive are subject to darkening. This results in reduced cell illumina-
tion and an enhanced operating temperature, both being deleterious to cell operation (see 
Chapter 10). 

Radiation damage affects a1] materials to some extent, and man. High-energy corpus-
cu]ar radiation is experienced most severely in the Van Allen radiation belts, but is also 
at a significant level in any space operation. Under even modest radiation doses, some 
metals such as cadmium and zinc may form metallic whiskers. 
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Vaćıo

El outgassing no suele causar problemas estructurales;
śı puede afectar capas de pintura que pueden perder sus
propiedades térmicas.

El vapor liberado puede condensar en instrumentos ópticos o
electrónicos muy delicados, afectando las medidas.

La liberación de ox́ıgeno en ciertos materiales (p.ej. acero
inoxidable) puede provocar abrasión, descamación o incluso
soldadura entre partes móviles.

Solución: realizar una cuidadosa selección de materiales y
lubricantes; si es necesario emplear materiales problemáticos
(p.ej. poĺımeros, materiales compuestos, cadmio), prepararlos
previamente con calentamientos al vaćıo (“baking out”).

Curiosamente las propiedades estructurales y resistencia a la
fatiga para muchos materiales mejoran en el vaćıo (ejemplo: el
vidrio triplica su resistencia en el vaćıo).
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Plasmas

Plasmas: el “cuarto estado” de la materia, consiste en un gas
altamente ionizado.
El 99 % del Universo está compuesto de plasma. Llena el
espacio interplanetario. El Sol emite el llamado ”viento solar”,
un chorro de plasma a alta velocidad, en todas direcciones.
Los campos magnéticos de los planetas (especialmente
Júpiter, Saturno y la Tierra) provocan un efecto
magnetohidrodinámico en el plasma, confinándolo en
cinturones toroidales (cinturones de Van Allen).
Los planetas causan una onda de choque electromagnética en
su movimiento a través del plasma, donde se “detiene” su
magnetosfera. El sol causa el mismo efecto a escala
interestelar (misiones Voyager).
La exposición al plasma puede ocasionar la carga eléctrica del
veh́ıculo espacial, arcos voltaicos, ruido electromagnético,
pérdida del rendimiento de paneles solares por radiación, etc...
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Plasmas

Interacción entre el plasma solar y el campo magnético
terrestre:

18 / 74



Subsistemas
El entorno de un veh́ıculo espacial

Introducción a los sistemas de un veh́ıculo espacial
Entorno operacional: el entorno espacial

Actividad solar

El espectro solar es muy diferente fuera de la atmósfera,
similar a la de un cuerpo negro a 5900 K. Por ejemplo la luz
ultravioleta no es absorbida (el ozono la absorbe en las capas
inferiores de la atmósfera).

18 THE SPACECRAFT ENVIRONMENT AND ITS EFFECT ON DESIGN 

'" .E 
6 
i 
i 
.5 

2.0 

10S y-rays X-rays 
10 

Radio 

10-1 m_! 10-3 

10-5 

10-7 
Large burst 

10-9 3BfIare 

10-11 

10-13 

10-15 

unand6000K 
black body 

6000K black body burst 
Gradual bu 

Largj bursl9 

Slow varyln Large storm 
component 

10-21 

10-12 10-10 1q-s 10-4 10-2 
I 

Wavelangth (m) 

1 

Solar irradiation curve outside atmosphere 
Solar irradiation curve at sea level b Curve for black body at 5900 K 

l 

a 1.0 
i \ 

\ ) 
0.5 

I , 
I 
I , 
I , , , 

0 3 ' 

\ 

tI. 
1\ 

o -- -o 0.2 0.4 0.6 0.8 1.0 1.2 1.4 1.6 1.8 2.0 2.2 2.4 2.6 2.8 3.0 
Wavelength A (Ilm) 

Figure 2.7 Solar spectrum (Reproduced by permission from Hynek J. A. (1951) Astro-
physics, McGraw-Hili) , 
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enhanced ultraviolet (UV) emission. The upper atmosphere, called the corona, becomes 
more tenuous and extends to several solar radii. Its nominal temperature is around 2 x 
106 K, and it emits substantial amounts of X-rays. The nominal release of energy from 
the Sun is at a rate of 3.85 x I Q26 W. In order to gain an insight to this power level, if the 
Earth's fossil fuel resources were to be burnt at this rate, then they would be exhausted 
in a mere 50 milliseconds. 

The solar wind is another outward flux from the Sun. It is a flow of plasma expelled 
at high velocity. In reality it fonns the outermost layer of the solar atmosphere, being 
continuously driven outward as a result of the Sun's radiation pressure. At Earth, the 
speed of the wind is -450 kmls, its density is "'9 protons/em3 and its kinetic temperature 
is '" 1 00 000 K. 

Sunspots are an indication that there are significant disturbances taking place on the 
Sun's surface and through its atmosphere. These, first observed by Galileo, are regions of 
its disc, which are cooler than the surrounding surface. They emit less radiation and thus 
appear as dark spots. Periods of high solar activity occur when there are a large number 
of sunspots and then enhanced emission of radiation occurs, most notably at radio wave-
lengths and at X-ray and y-ray energies. This enhanced emission is generally associated 
with solar flares, which occur at sites near sunspots. They may last from a few minutes to 
several hours and occur as frequently as one every two hours during high solar activity. 

The Zurich sunspot number Rz is used to quantify the overall number of sunspots on 
the Sun at any time. It is defined as Rz = K (lOg + f), where f is the number of sunspots 
that exhibit umbrae, and g is the number of groups into which these spots fall. K is a 
factor that relates to the observing instrument and is used as a normalization factor. 

The detailed prediction of individual flares is not yet possible, but the general level 
of activity has a well-defined ll-year cycle as shown in Figure 2.8. However, owing to 
magnetic pole reversal of the Sun at peak solar activity, the real period is 22 years. It 
may be seen that the magnitude of the peak varies from cycle to cycle. Thus the cycle 
commencing in June 1954 shows a significantly higher peak than all other cycles that were 
completed in the 20th century. Regular updated sunspot activity may be readily accessed at 
a number of web sites including http://www.dxlc.comlsolar. which provides daily data on 
a variety of forms of measuring solar activity, including sunspot number, the geomagnetic 
index and maps of solar active regions. The site http://sidc.o1T/O,.belindex.php3 provides 
a long-term historical record of solar activity from 1700 when the first regular recording 
of sunspot activity took place. 

Table 2.2 shows the typical intensity variability of the Sun at particular wavelengths 
where it has been established. There is good correlation between sunspot number and 
radiated power at some specific wavelengths and this is used to provide an additional 
measure of the overall level of solar activity. The most frequently used monitor is the 
solar flux at 10.7 em. One source for such data is from NOAA, in the US. 

An enhanced flux of radiation and high-energy particles is also associated with major 
solar flares. Two components may be distinguished when it arrives at the Earth. The first 
occurs approximately 20min following the flare, when the electromagnetic emissions first 
increase and then a more prolonged component arrives about a day after it These latter 
particles appear to be an enhanced component of the solar wind, travelling at velocities 
of - I oJ kmls. Figure 2.9 shows the variability of particle fluxes in the interplanetary 
medium caused by solar activity. Detailed descriptions of ionizing radiations are given in 
the next section. 
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Actividad solar

La cantidad de manchas solares indican el nivel de actividad
del Sol, que influye en la densidad y temperatura de la
atmósfera en órbita baja y por tanto es de gran interés.
Las manchas solares son enormes perturbaciones en el campo
magnético del Sol.
Tienen un periodo de 11 años debido a una inversión del
campo magnético que sucede cada 22 años.
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Table 2.2 Solar variability (6) (Reproduced by permission of NASA) 

Spectral region Wavelength Flux Variability 
(J/(m2 sj.Lm» 

Radio J..> Imm 10- 11 -1017 x 100 
Far infrared Imm?;J..> lOj.Lm Uncertain 
Infrared lOj.Lm?; J.. > 0.75j.Lm 10-3-IOZ Uncertain 
Visible 0.75 j.Lm ?; J.. > 0.3 j.Lm 103 <1% 
Ultraviolet 0.3 j.Lm?; J.. > 0.12 j.Lm 1O-1-IOZ 1-200% 
Extreme ultraviolet 0.12j.Lm?; J.. > 0.01 j.Lm 10-1 xlO 
Soft X-ray 0.01 j.Lm ?; J.. > I A 10- 1-10-7 xlOO 
Hard X-ray IA?; J.. 10-7_10-8 x 10- X 100 

2.3.2 Earth orbit environment 

The Earth orbits the Sun at a mean distance of one astronomical unit (AU), equal to 
1.496 x lOS km. It is a nearly spherical body having a mass of only 3 x 10-6 times that 
of the Sun, but having a gravitationally bound atmosphere and a significant magnetic 
field. Each of these features is important in detennining the near-Earth environment, in 
which the majority of space vehicles operate. 

The atmosphere at sea level is predominantly molecular nitrogen (78%) and molecular 
oxygen (2]%), with a variety of trace elements, the most significant being argon. Standard 
sea-level pressure is accepted to be 1.013 x UP Pa [7]. The lower atmosphere. up to 
-86 km. is sufficiently turbulent to result in a homogeneous gas mixture. albeit with a 
pressure decreasing exponentially. Above this height, photochemical processes disturb the 
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homogeneity. Of particular importance is the absorption of UV radiation from the Sun, 
leading to the dissociation of oxygen in the upper atmosphere. The details of the processes 
are beyond the scope of this chapter and the interested reader is referred to Refe,rence (7]; 
however, the resultant atmosphere above -120km is one in which each atmospheric 
constituent is decoupled from all the others. For each species, it is then possible to write 
down an equation of the diffusive equilibrium of the form 

(
dn; (1 + ai) dT gni Mi) 

n;v;+Di dZ+ n; T dZ+R*T =0 (2.]) 

where ni is the number density of species i, having a molecular weight Mi at altitude Z, VI 
is the vertical transport velocity of the species, and D/ and aj are its molecular and thermal 
diffusion coefficients, T is the atmospheric temperature, R* is the universal gas constant 
and g is the height-dependent acceleration due' to gravity. If negligible vertical transport 
takes place, and for species in which thennal diffusion is negligible, equation (2.]) reduces 
to a hydrostatic equilibrium equation wherein the number density profile is driven by the 
atmospheric temperature. Figure 2.10 shows the variation of number density with height 
for different species. 
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Erupciones solares

Las erupciones solares son eyecciones masivas de plasma que
están asociadas a periodos de intensa actividad solar (ahora
mismo nos encontramos en uno de dichos periodos).
Si una de estas erupciones se dirige hacia la Tierra, puede
causar grandes disrupciones (por radiación) en gran parte de
los satélites geocéntricos.
La superficie de la Tierra en śı, está protegida por su campo
magnético; el principal efecto que se puede observar desde la
superficie son auroras boreales.
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Campos magnéticos

Campos magnéticos: El movimiento de un veh́ıculo espacial en
un campo magnético (e.g. en LEO) genera una corriente
(efecto inductivo) si el veh́ıculo es conductor.
La diferencia de potencial puede ser no despreciable (20 V en
la ISS).
Adicionalmente se producen fuerzas y momentos de Lorenz
que pueden perturbar la órbita y sobre todo la actitud.
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Campos magnéticos

intensidad del campo magnético de la Tierra:
26 
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Figure 2.13 (a) Earth's magnetic field intensity at the magnetic equator as a function of 
altitude (Adapted from Reference (12]) and (b) relative intensity of the Earth's magnetic 
field as a function of magnetic latitude (Reproduced by permission of Kluwer Academic 
Publishers) 
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Figure 2.14 Van Allen radiation belts (idealized) 

overall structure of the Van Allen belts can be seen from the highly simplified diagram 
in Figure 2.14. 

Proton energies range from 0.01 to 400MeV with fluxes in the range of lOS to 
600/cm2 s, respectively. Electron energies are in the range from 0.4 to 4.5 MeV with 
fluxes from 4 x lOS to l00/cm2 s, respectively. One of the most notable features of the 
mdiation belt particles is the large variation with both altitude and latitude. Figure 2.15 
shows typical contour plots of the electron and proton fluxes at various locations [13]. 

To predict electron and proton fluxes for LEO missions, the NASA models AE8 [14] 
and AP8 [15] are used. Since these particle fluxes vary with the solar cycle, there are two 
variants for each model, the maximum and minimum, corresponding to the maximum 
and minimum of the solar cycle, respectively. However, it should be noted that the solar 
cycle variations of the fluxes are not well understood. Furthermore, the data on which 
these models are based are old (circa 19608 and 19708), and the model should only really 
be used to predict integrated fluxes (fluences) for periods greater than about six months. 

At low altitudes and low inclinations, the dominant feature of the radiation environment 
is the region known as the South Atlantic Anomaly. Because of the offset and tilt of the 
geomagnetic axis relative to Earth's rotation axis, this is a region of enhanced radiation 
in which parts of the mdiation belt are brought to lower altitudes (Figure 2.16). 

The effects of the trapped particles are degmdation of electronic parts due to accumu-
lated dose, degmdation of solar army performance due to displacement damage, singIe-
event upsets (SEUs) and dielectric charging. Whilst the detailed processes associated with 
these damage types is somewhat complex, the key phenomena that take place result from 
the impact of the high-energy particle upon both the energy structure and lattice structure 
of the semiconductor material. The damage influence of an individual massive particle, 
such as a proton, is significantly greater than that from an electron due to the higher 
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Cinturones de Van Allen

Los cinturones de Van Allen son el resultado de
la interacción entre el campo magnético de la
Tierra y el viento solar, atrapando el plasma en
dos cinturones.

Es de particular peligro la “anomaĺıa del
Atlántico Sur”, una región donde el cinturón se
extiende por debajo de 500 km por la situación
de los ejes magnéticos terrestres con respecto a
los geográficos.26 
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Figure 2.13 (a) Earth's magnetic field intensity at the magnetic equator as a function of 
altitude (Adapted from Reference (12]) and (b) relative intensity of the Earth's magnetic 
field as a function of magnetic latitude (Reproduced by permission of Kluwer Academic 
Publishers) 
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overall structure of the Van Allen belts can be seen from the highly simplified diagram 
in Figure 2.14. 

Proton energies range from 0.01 to 400MeV with fluxes in the range of lOS to 
600/cm2 s, respectively. Electron energies are in the range from 0.4 to 4.5 MeV with 
fluxes from 4 x lOS to l00/cm2 s, respectively. One of the most notable features of the 
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and AP8 [15] are used. Since these particle fluxes vary with the solar cycle, there are two 
variants for each model, the maximum and minimum, corresponding to the maximum 
and minimum of the solar cycle, respectively. However, it should be noted that the solar 
cycle variations of the fluxes are not well understood. Furthermore, the data on which 
these models are based are old (circa 19608 and 19708), and the model should only really 
be used to predict integrated fluxes (fluences) for periods greater than about six months. 

At low altitudes and low inclinations, the dominant feature of the radiation environment 
is the region known as the South Atlantic Anomaly. Because of the offset and tilt of the 
geomagnetic axis relative to Earth's rotation axis, this is a region of enhanced radiation 
in which parts of the mdiation belt are brought to lower altitudes (Figure 2.16). 

The effects of the trapped particles are degmdation of electronic parts due to accumu-
lated dose, degmdation of solar army performance due to displacement damage, singIe-
event upsets (SEUs) and dielectric charging. Whilst the detailed processes associated with 
these damage types is somewhat complex, the key phenomena that take place result from 
the impact of the high-energy particle upon both the energy structure and lattice structure 
of the semiconductor material. The damage influence of an individual massive particle, 
such as a proton, is significantly greater than that from an electron due to the higher 
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Figure 2.15 Radiation belt model particle fluxes. Contour 
plots in 'dipole space' in a plane containing the 
geo-dipole axis (y): (a) electron fluxes at greater than 
1 MeV and (b) proton fluxes at greater than 10 MeV. (Axes 
are calibrated in Earth radii, Re) [13). (Reproduced by 
permission of the International Astronautical Federation) 
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Figure 2.16 Proton radiation belt at low altitude, derived from 
AP8 model. Flux contours at longitude 3250

• Tilt and offset brings 
contours below the 500 km altitude line. This is the South Atlantic 
anomaly [13). (Reproduced by permission of the International Astro-
nautical Federation) 
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Radiación

Radiación, varias fuentes:
Viento solar
Cinturones de Van Allen
Rayos cósmicos
Erupciones solares

Peligrosos para equipos electrónicos, recubrimientos y
espacialmente para las personas en vuelos tripulados.

La radiación se puede acumular, generar materiales
radioactivos a bordo.
Otra fuente de radiación es la luz ultravioleta:

La exposición a la radiación ultravioleta provoca un fenómeno
conocido como “embrittlement”. Los poĺımeros son
particularmente susceptibles de ser afectados.
La luz ultravioleta también puede provocar cambios en la
resistividad y en las propiedades ópticas. En particular esto
puede afectar a los paneles solares, provocando su
oscurecimiento y un aumento de temperatura.
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Efectos de la radiación en semiconductores
Estos materiales son particularmente afectados. Puede haber
reducción de eficacia (p.ej. en paneles solares).
Otros efectos son causados por una única part́ıcula de alta
enerǵıa, llamado SEE: single effect event. Estos efectos
pueden ser de varios tipos:

Fallos ”suaves”del tipo SEU: “single-event upset”, un circuito
da una única respuesta equivocada (p.ej. 2+2=3).
Fallos del tipo SEL: ”single-even latch-up”, donde se generan
corrientes parásitas que pueden quemar dispositivos.

Es imposible garantizar al 100 % que no habrá fallos SEU.
Se puede reducir la tasa de errores (con apantallamiento p.ej.
de tungsteno) al estándar: 10−10 errores/d́ıa.

Métodos para mitigar los SEU:

Redundancia.
Circuitos con tests internos periódicos.
Circuitos que detectan y corrigen errores.
Soluciones software que permiten tests,
checkpoints y roll-back. 26 / 74
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Micrometeoroides
Micrometeoroides: pequeños objetos flotando en el espacio.
Normalmente representan un peligro menor, pero pueden
causar destrucción y modificación de actitud.
Su flujo medio ha sido modelado por diversos autores.
Gran densidad en el cinturón de asteroides.
En algunos casos se han diseñado escudos “parachoques” (p.
ej. la sonda Giotto).
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Micrometeoroides

Micrometeoroides: Flujo medio modelado

34 THE SPACECRAFT ENVIRONMENT AND ITS EFFECT ON DESIGN 

and leaves eclipses [19]. Severe problems arise if differential charging of the spacecraft 
surface occurs. The simplest method of preventing this is to use conductive surfaces 
wherever possible. One primary area in which this is not possible is on the solar array; 
an alternative solution is then to apply a near transparent coating of indium oxide to the 
cell cover glass material, which typically reduces the resistivity of the glass surface to 
less than 5000Q/cm2 [20]. 

Meteoroids and micrometeoroids occur with a frequency that varies considerably with 
the type of space mission. These are solid objects whose mass and size vary over many 
orders of magnitude. Their mass spectrum is shown in Figure 2.20. Near large gravitational 
masses such as the Earth their fluxes tend to be enhanced. The asteroid belt is also 
a region of enhanced meteoroid density. Impact of micrometeorites generally causes a 
degradation of surface thermal properties, although the possibility of component failure 
clearly exists. The most dramatic evidence of particle impacts on a spacecraft is from the 
Giotto spacecraft and its passage near to Halley's comet during 1986. Particle impacts 
led to the failure of some experiments and a change in the attitude of the vehicle at 
closest encounter. 

Man-made space debris, consisting of aluminium oxide dust particles (from solid rocket 
exhausts), instrument covers, nuts and bolts, rocket upper stages, and so on is in addition 
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Figure 2.20 Terrestrial mass-influx rates of meteoroids. N is the flux of particles 
with mass greater than m (21) (Reproduced by permission of NASA; see Reference [6) 
for details) 
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to the naturally occurring micrometeoroid environment The size varies from 0.001 mm 
to 10m in diameter. Figure 2.21 compares the predicted flux of debris with that of mete-
oroids for a 500km, 30° orbit. Space debris varies with the orbit's altitude, eccentricity 
and inclination, and exhibits a strong directional dependence. The average velocity (rel-
ative to the orbiting spacecraft) is about 11 km/s, but it is a function of altitude, ranging 
from zero to twice the orbital velocity. Since the majority of the particles originate from 
satellite and launcher components, the average density is assumed to be that of aluminium 
alloys-about 2.8 g/cm3• The threat to space stations such as the ISS due to the larger sizes 
of particles, greater than 1 mm, has caused a great deal of interest in this environment, 
both in modelling and in measuring it. 

The smaller particles, in the range from 10-3 to 10-9 g, have a flux that is high enough 
to erode surfaces and have enough energy to penetrate protective coatings. Of particular 
concern is their effect on large solar arrays, sensitive optical surfaces and detectors. The 
possibility of penetrating protective coatings necessitates the consideration of synergistic 
effects between the particulate and the atomic oxygen environments. See Section 2.4.1. 

System requirements for meteoroid and debris protection amount generally to ensuring 
the safety of the crew for manned spacecraft and the operational availability for unmanned 
craft. Usually, these requirements are expressed as the probability of no damage over a 
given time. For example, typical probability values for the Columbus Attached Labora-
tory range from 0.995 for endangering the crew or module's surviVability for a lO-year 
life, to 0.999 for penetration or bursting over a one-year period. Having set the system 
requirement probabilities, the critical debris size can be calculated using the environment 
models and the spacecraft geometry. For Columbus, the critical debris size ranges from 
about 0.5 to 1.0cm in 1995 [23]. 
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Figure 2.21 Comparison of the fluxes of predicted orbital debris and meteoroids [22) 
(Reproduced by permission of NASA) 
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Basura espacial

Basura espacial: un peligro creciente, especialmente en LEO.
Se estiman más de 100.000 objetos de más de 1cm. de radio.
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Cargas térmicas

Los veh́ıculos espaciales están t́ıpicamente sometidos a cargas
térmicas extremas y muy variadas.
P. ej. una porción térmicamente aislada de un veh́ıculo puede
experimentar variaciones entre 200K y 350K.
El único mecanismo de transporte en el espacio es la radiación
(solar, planetaria, y al espacio)
Al balance de enerǵıa hay que añadir la generación interna de
calor por parte del veh́ıculo.
Las máximas cargas se dan durante la reentrada (en órbita no
hay apenas carga térmica por fricción).
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Efectos del espacio en los seres humanos
Se requiere un sistema de soporte de vida para aislar a las
personas del vaćıo, el entorno térmico y altas aceleraciones.
Los efectos a largo plazo no están documentados. El record lo
tiene Valeri Polyakov (437 d́ıas a bordo de la MIR), que no
parece haber sufrido efectos adversos permanentes.
Los principales efectos de corto plazo conocidos son:

Redistribución de la sangre y pérdida de peso (2 a 4kg). El
sistema circulatorio vuelve a la normalidad al regresar a la
Tierra.
Atrofia muscular y anemia (se combate con ejercicio).
Disfunciones del sentido del equilibrio los primeros d́ıas
(resultan en mareo y torpeza).
Decalcificación por falta de uso del sistema locomotor;
también se pueden formar piedras en el riñón. El calcio se
reestabiliza al volver a la Tierra.

La radiación es el fenómeno más peligroso, especialmente en
caso de erupciones solares (apantallamiento adicional?). Los
daños por radiación no son reversibles en general. 31 / 74



Subsistemas
El entorno de un veh́ıculo espacial

Introducción a los sistemas de un veh́ıculo espacial
Entorno operacional: el entorno espacial

Otros entornos en el sistema solar

Las misiones interplanetarias pasan el mayor tiempo en el
medio interplanetario, que está dominado por el viento solar
(plasma). La densidad del viento solar y en general de la
radiación solar disminuye como 1/d2 al Sol.
Más allá de Marte hay que cruzar el cinturón de asteroides.
Todos los planetas menos Mercurio tienen atmósfera, y Titán
es el único satélite que posee.
Cada planeta tiene sus peculiaridades: Venus es muy caliente
y tiene nubes de ácido sulfúrico. Marte tiene una atmósfera
con muy poca densidad y es fŕıo, pero tiene tormentas de
polvo. Júpiter tiene un entorno muy radiactivo. Mercurio
está afectado por la proximidad del Sol.
La radiación absorbida por las misiones Pioneer es en torno a
1000 veces la tolerable por un ser humano.
De los planetas interiores, aparte de la Tierra sólo Mercurio
tiene un (débil) campo magnético.
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Otros entornos en el sistema solar

Algunos datos:38 THE SPACECRAFT ENVIRONMENT AND ITS EFFECT ON DESIGN 

Table 2.6 Solar system data: approximate atmospheric parameters for solar system 
bodies 

Planet! Composition Surface Surface Temperature Ionosphere 
Moon % pressure tempemture @ 200km (Electrons/em3) 

(Bar) (K) (K) 

MereUI)' None 
-1()6 Venus COz (96); N2 (3.5) 92 750 100-280 

Earth N2 (77); Oz (21); H2 (1) I 285 800-1100 _106 

Mars COz (95); M (1.6); N2 (2.7) 0.006 220 310 -up 
Jupiter H2 (89); (0.2); He (11) Gaseous planet 165· -up 
Saturn H2 (93); (0.2); He (7) Gaseous planet 130· 
TItan N2 (65-98); COz (2-10) 1.5 95 150 -Ial 
Uranus H2 (85); 1); He (15) Gaseous planet 80· 
Neptune H2 (90); 1); He (10) Gaseous planet 70· 
Pluto N2 OWCO (traces only) 40 

• Tempennure quoted where pressure is the same as Earth sea level (p = I Bar). 
See also Tables 2.5, 2.7 and 4.1. 

of TItan's atmosphere is still somewhat uncertain, although spectroscopic evidence shows 
that it is very different from that found on the Earth. The atmospheric surface pressure 
is similar to that of the Earth. The Cassini-Huygens probe, at the time of writing already 
beyond the orbit of Jupiter, win in 2004 provide a substantially enhanced understanding 
and description of this atmosphere. 

The four gas giants are listed here as having atmospheres. The surface properties noted 
are however for an assumed surface, on which the pressure of the atmosphere is the same 
as that on the Earth at sea level. 

A condition for a planet to have an ionosphere-a region of space that 
contains free electrons and ions-is that it also has an atmosphere. The major energy 
source for the ionization of the upper regions of an atmosphere is solar radiation through 
the process of photo-ionization. Typical peak electron densities in each of those bodies 
having an ionosphere is provided in Table 2.6. As might be expected, Venus and Earth, 
having the most significant atmospheres of the terrestrial planets, and also being relatively 
close to the Sun, have the highest ionospheric electron number density. 

If a planet also possesses a magnetic field, then this will influence the properties of the 
ionosphere. As noted for the Earth, a magnetic field provides an opportunity to both trap 
and add energy to charged particles, which in general may originate from the planetary 
atmospherelionosphere or from the solar wind. The magnetic properties of the major 
solar system bodies are listed in Table 2.7. As we have already noted for the Earth, 
its magnetic field leads to the formation of the Van Allen radiation belts. The most 
significant magnetosphere in the solar system is however that of Jupiter, which acts as 
an energy source for the generation of relativistic particles that radiate by synchrotron 
emission. Whilst Jupiter's magnetosphere is far more complex than that of the Earth, its 
overall structure is similar to that shown in Figure 2.12. The magnetosphere for Jupiter is 
vast-the magneto-tail extends to the orbit of Saturn. This magnetic field co-rotates with 
Jupiter, which has a period of just less than 10 hours. This provides an additional source 
of energy to accelerate particles. Further, the satellite 10 passes through the plasma sheet 
formed within the magnetosphere. 10 contributes ions, principally from the dissociation 
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Table 2.7 Solar system data 

Planet! 
Moon 

Mercury 
Venus 

Earth 
Mars 

Jupiter 

Saturn 

TItan 
Uranus 
Neptune 
Pluto 

Number 
of moons 

I 
2 

16 

18 

NlA 
17 
8 
1 

Presence 
of rings 

Yes 

Yes 

Yes 
Yes 

Notes: See also Tables 2.5, 2.6 and 4.1. 

Magnetic field-
Dipole moment 

(Relative to Earth) 

0.0007 
<0.0004 

I 
<0.0002 

20000 

600 

None detected 
50 
25 
Unknown 

Magnetopause 
height (units 
of Requmor) 

Major 
missions 

1.5 Mariner 10 
Mariner 215/10 
VenP.lll 3-16 
Pioneer Venus 112 

10 

80 

20 

20 
25 

UDknown 

Mariner 416n19 
Mars 2J3 
Viking 112 
Mars Pathfinder 
Pioneer 10111 
Voyager 112 
Galileo 
Pioneer 11 
Voyager 112 
Cassini 
CassinilHuygens probe 
Voyager 2 
Voyager 2 
None 

products of to this plasma sheet from intense volcanic activity on its surface. At 
this stage, it is not clear however whether 10 has its own magnetic field. The overall 
interaction yields resultant particle fluxes that are several orders of magnitude greater than 
those at the peak flux of the Earth's own radiation belts. These particles in the Jovian 
system, coupled with the motion ofIo's motion through the magnetosphere also provide 
an intense electromagnetic radiation source, extending from VLF '" 10 MHz through to 
3 GHz. Not surprisingly therefore, all missions that transit the Jovian magnetosphere have 
shown signs of radiation damage in electronic circuits and the darkening of exposed 
optical systems. The radiation dose absorbed on the two grand-tour Pioneer spacecraft 
was a thousand times beyond the level of human tolerance [24]. As a result the Jovian 
system, having the additional feature common with the other gas giants of a ring system, 
proves to be one of the most hostile environments in the solar system. 

2.4 ENVIRONMENTAL EFFECTS ON DESIGN 

2.4.1 Effects on materials 

Outgassing or sublimation refers to the vaporization of surface atoms of a material when 
it is subjected to an ambient pressure that is comparable with its own vapour pressure. 
Such a pressure, 10-11 _10- 15 Pa, occurs at spacecraft altitudes. This process occurs at 
an increasing rate as temperature rises. A summary of rates for different metals at a 

33 / 74



Subsistemas
El entorno de un veh́ıculo espacial

Introducción a los sistemas de un veh́ıculo espacial

Sistema de potencia eléctrica
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Sistemas de un veh́ıculo espacial

En Astronáutica se estudian las órbitas de los veh́ıculos
espaciales y el análisis de misión, que es crucial para el diseño
de los otros sistemas.

Temas como el sistema de propulsión o las estructuras
espaciales son objeto de otras asignaturas.

Otros sistemas como el de comunicaciones o el de
software/electrónica son el objeto de otras ramas de la
ingenieŕıa.

Los sistemas que se van a tratar en este tema son:

Sistema de Potencia Eléctrica.
Sistema de Control Térmico.

Posteriormente, en el siguiente tema, se trata con mayor
detalle, el Control y Estimación de la Actitud.
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Sistema de potencia eléctrica

El sistema de potencia eléctrica es cŕıtico en el diseño de un
veh́ıculo espacial ya que su fallo conlleva el fallo total de la
misión. Históricamente, muchas de las primeras misiones
espaciales fallaron debido a una pérdida de este sistema.
T́ıpicamente, un veh́ıculo tendrá muchas cargas y diversas
fuentes para generar/almacenar potencias.
A la hora de diseñar un sistema de potencia eléctrica para un
veh́ıculo hay que tener en cuenta dos requisitos
fundamentales: potencia (máxima, media) y duración.

Potencia: puede ir de varios watios a cientos de kilowatios,
dependiendo del veh́ıculo. Antiguamente las misiones teńıan
muy bajos requisitos (p.ej. Vanguard 1 consuḿıa 1W), los
satélites de comunicaciones actuales requieren kW. Los
veh́ıculos tripulados consumen potencias de cientos de kW.
Duración: según el veh́ıculo (lanzador, satélite, sonda
interplanetaria), de horas a décadas.

Otros factores de importancia son el peso, la complejidad, o el
sistema de gestión. 35 / 74
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Sistema de potencia eléctrica: Gestión
No se puede contar con que la fuente de potencia eléctrica
suministre un aporte continuo: variaciones por la degradación
de los componentes, eclipses...
Las necesidades de los otros componentes y sistemas del
veh́ıculo espacial también variarán con el tiempo, el desgaste,
el régimen de trabajo. P.ej. los paneles solares se degradan
lentamente disminuyendo la potencia generada.
Es importante proteger todos los componentes para evitar su
destrucción por un mal control de los niveles de
tensión/intensidad.
Dado que el sistema es totalmente aislado, ante todo debe ser
redundante para evitar su fallo total ante imprevistos.
Por todo esto es muy importante un cuidadoso diseño de la
distribución y control de la potencia eléctrica, considerando la
interacción con el resto de los equipos, la órbita, y la actitud.
Un buen diseño puede alargar la vida de los componentes
bastante más allá de su vida media. 36 / 74
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Sistema de potencia eléctrica: Gestión

Un diagrama simplificado t́ıpico seŕıa el siguiente:

Distribución y Control 

Las fuentes primarias convencionales son Bateŕıas, Células de
Combustible, Paneles Solares, y RTG (Radioisotope
Thermoelectric Generator). Otros conceptos avanzados
utilizan ciclos termodinámicos para la generación.
Además existirán fuentes secundarias (t́ıpicamente Bateŕıas
recargables), como se verá más adelante. 37 / 74
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Sistema de potencia eléctrica: algunas consideraciones

Una de las peculiaridades del SPE de los veh́ıculos espaciales
es que las fuentes primarias siempre se degradan con el
tiempo, y en general no son reemplazables o reparables.
Por tanto se suelen diseñar por encima de la potencia
necesaria inicial, incluyendo algún tipo de sistema para disipar
la potencia extra, p.ej. una carga resistiva, que servirá para ir
regulando la potencia.
Por otro lado las caracteŕısticas de las fuentes pueden cambiar
por otros motivos (por ejemplo los paneles solares dependen
mucho de la órbita y actitud). También las de las cargas (es
posible que algunos sistemas no se activen en ciertos
segmentos de la misión).
Por ello es necesario utilizar reguladores de voltaje y/o
intensidad capaces de adaptarse a la necesidad de la carga y
la potencia suministrada en cada momento. También
elementos para detectar y aislar fallos.
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Influencia de otros parámetros y subsistemas

408 Spacecraft Subsystems 11.4 

11-31 the.power subsystem design process, which we discu 
m followmg subsections, and Table 11-32 shows the principal effects: 

lD1SS1bn on the system design. We will work through the desi 
process, begmnmg WIth the selection of a power source. gn 
TABLE 11-31. The PreRmlnary Design Process for the Power Subsystem. All of th 

design steps must link back to mission requirements to satisfy the owner :: 
users. No,te that derived requirements may Impact previous design decl I 
force deSigners to iterate the design process. sons and 

Step Information Required Derived Requirements References 
1. Identify Top-level requirements, Design requirements, Sees. 10.1,10.2 Requirements mission type (LEO, spacecraft electrical 

GEO), spacecraft power profile (average 
configuration, mission life, and peak) 
payload definition 

2. Select and Mission type, spacecraft EOL power requirement, . Sees. 10.1,102 Size Power 
Source 

configuration, average type of solar ceO, mass Table 10-9 load requirements for and area of solar array, Sec. 11.4.1 electrical power solar array configuration Table 11-34 
(2-axis tracking panel, 
body-mounted) 

3. Select and Mission orbital Eclipse and load-leveling Ssc.11.42 Size Energy parameters, average and energy storage Tables 11-3,11-4, Storage peak load requirements requirement (battery 11-38,11-39,11-40 for electrical power capacity requirement), Rg.11-11 
battery mass and volume, 
battery type 

4. Identify Power Power-source selection, Peak-r:iower tracker or Sec. 11.4.4 Regulation and mission life, requirements dlrecl-energy-transfer Control for regulating mission system, thermal-control 
load, and thermal-control requirements, bus. 
requirements voltage quality, power 

control algorithms 

TABLE 11-32. Effects?f Parameters on the Power Subsystem. Most aspects 
of the affect the power subsystem bacause so many other subsyst 
require specific power attnbutes. ems 

Parameter Effects on DesIgn 
Avelllge Electrical Sizes the powerlleneratlon system (e.g., number of solar cells primary Power Requirement battery size) and possibly the energy-storage system given th; eclipse 

period and depth of discharge . 
Peak Electrical system (e.g., number of batteries, capacitor Power Required s e the power-processing and distribution equipment 
Mission Life Longer mission life (> 7 yr) implies extra redundancy design Indepen-

dent battery charging, larger capacity batteries, and larger 
Orbital Parameters Def!nes Incident solar energy, eclipse/Sun periods and radiation 

ellVlronment ' 
Spacecraft o/Pically implies body-mounted solar cens; 3-axis stabDlzed Configuration typically II1lpnes body-fixed and deployable solar panels 

11.4 Power 

11.4.1 power Sources 
The power source generates electrical power within the spacecraft. Launch vehicles 

such as Titan IV or Delta use primary batteries (discussed in Sec. 11.4.2) as the power 
source for electrical loads because the batteries usually need to last less than an hour. 
But batteries alone are too massive for missions that last from weeks to years. These 
missions need a source that can generate power over many orbital cycles to support 
electrical loads and recharge the batteries. 

Typically, we use four types of power sources for spacecraft. Photovoltaic solar 
cells, the most common power source for Earth-orbiting spacecraft, convert incident 
solar radiation directly to electrical energy. Static power sources use a heat source 
_typically plutonium-238 or uranium-235 (nuclear reactor), for direct thermal-to-
electric conversion. Dynamic power sources also use a heat source-typically concen-
trated solar radiation, plutonium-238, or enriched uranium-to produce electrical 
power using the Brayton, Stirling, or Rankine cycles. The fourth power source is fuel 
cells, used on manned space missions such as Gemini, Apollo, SkyLab, and the Space 
Shuttle. Table 11-33 provides a comparison of various power sources. 

Static power conversion uses either a thermoelectric or a thermionic concept. The 
most common static power source for spacecraft is the thermoelectric couple. This 
basic converter uses the temperature gradient between the p-n junction of individual 
thermoelectric cells connected in a series-parallel arrangement to provide the desired 
dc electrical output from each converter. This temperature gradient comes from slow 
decay of the radioactive source. The thermal-to-electric conversion efficiency for a 
thermoelectric source istypica1ly 5-8%. 

Thermionic energy conversion produces electricity through a hot electrode (emit-
ter) facing a cooler electrode (collector) inside a sealed enclosure that typically 
contains an ionized gas. Electrons emitted from the hot emitter flow across the inter-
electrode gap to the cooler collector. There they condense and return to the emitter 
through the electrical load connected externally between the collector and the emitter. 
We choose the collector and emitter temperatures for best overaII system performance. 
In choosing the collector temperature, we try to decrease the weight and size of 
thermal radiators, and we choose materials based on mission life requirements. Ther-
mionic power sources usually rely on a reactor heat source because of the high 
temperature required for efficient thennionic conversion. Power efficiencies for a 
thermionic power conversion are typically 10--20%. 

In contrast to static sources, dynamic power sources use a heat source and a heat 
exchanger to drive an engine in a thermodynamic power cycle. The heat source can be 
concentrated solar energy, radioisotopes, or a controlled nuclear-fission reaction. Heat 
from the source transfers to a working fluid, which drives an energy-conversion heat 
engine. For a dynamic solar-power source, the balance of energy remains as latent and 
sensible heat in a heat exchanger (molten eutectic salt), which provides continuous 
energy to the thermodynamic cycle during eclipse periods. A dynamic power source 
using a nuclear reactor or plutonium-238 decay does not require thermal-energy stor-
age because the source provides continuous heat. 

Dynamic power sources use one of three methods to generate electrical power. 
Stirling cycle, Rankine cycle, or Brayton cycle. Stirling-cycle engines use a single-
phase working fluid as the working medium. The thermodynamic cycle consists of 
two isothermal procesSes (compression and expansion) and two constant-volume pr0-
cesses (heating and cooling). Power-conversion efficiencies for Stirling engines are 
25-30%. Rankine-cycle engines are dynamic devices that use a two-phase fluid system 
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Bateŕıas: Generan electricidad a
partir de enerǵıa qúımica; poseen 2
electrodos y electrolito.

Pequeños voltajes (1.25 V) y vidas
cortas, pero usadas históricamente
por su sencillez.

Tipos: Ag-Zn y Li- (la mayor
densidad de enerǵıa).

No son recargables y se degradan y
descargan incluso sin usarse:
problemas de almacenaje y control
del sistema.

A parte de su uso histórico en el
sector espacial, son la solución
escogida para los misiles y lanzadores.

Las bateŕıas del Sputnik
duraron unas tres semanas.
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Caracteŕısticas de algunas bateŕıas convencionales:
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The resulting solar-array area for the example spacecraft is about 2.0 m2• If we had 
used a perfectly pointed array, the BOL power would have been 155 W/m2, resulting 
in an EOL power of 128 W/m2 and an array area of 1.9 m2• So, having to account for 
the cosine loss costs us 0.1 m2 in array size and the equivalent mass. 

Solar-array sizing is more difficult than it appears from the above discussion. 
Typically, we must consider several arrays with varying geometry. Also, the angle of 
incidence on the array surface is constantly changing. We must predict that angle COD-
tinuously or at least determine the worst-case angle to develop an estimate of PEOL ' 

11.4.2 Energy Storage 

Energy storage is an integral part of the spacecraft's electrical-power subsystem 
providing all the power for short missions « 1 week) or back-up power for longer 
missions (> 1 week). Any spacecraft that uses photovoltaics or solar thermal dynamics 
as a power source requires a system to store energy for peak-power demands and 
eclipse periods. Energy storage typically occms in a battery, although systems such as 
flywheels and fuel cells have been considered 'for various spacecraft. 

A battery consists of individual cells connected in series. The number of cells 
required is determined by the bus-voltage. The amount of energy stored within the bat-
tery is the ampere-hour capacity or watt-hour (ampere-hour times operating Voltage) 
capacity. The design or nameplate of the battery derives from the energy-
storage requirements. Batteries can be connected in series to increase the voltage or in 
parallel to increase this current output-tbe net result being an increase in watt-hour 
capacity. 

Table 11-37 lists issues to consider early in the conceptual phase of any program. 
Most of all, we try to provide a stable voltage for all operating conditions during the 
mission life because load users prefer a semi-regulated bus voltage. The difference in 
energy-storage voltage between end of charge and end of discharge often determines 
the range of this bus voltage. 

TABLE 11-37. Issues In Designing the Energy Storage Capability. Energy storage usually 
means large batteries and we must consider all their characteristics when 
designing this subsystem. 

Physical Size, weight, configuration, operating position, static and dynamic environments 

Electrical Voltage, current loading, duty cycles, number of duty cycles, activation time and 
storage time, and Omits on depth-of-dlscharge 

Programmatic Cost, shelf and cycle ute, mission, reUablDty, malntalnablDty, and produceabDity 

Figure 11-10 highlights the charge-discbarge characteristics of a spacecraft's 
energy-storage system. We want a flat discharge curve that extends through most of 
the capacity and little overcharge. Overcharging quickly degrades most batteries. We 
also need to match the electrical characteristics of the battery cells. Otherwise, charge 
imbalances may stress and degrade the batteries, resulting in a shorter life for the 
electrical-power subsystem. 

All battery cells are either primary or secondary. Primary battery cells convert 
chemical energy into electrical energy but cannot reverse this conversion, so they can-
not be recharged. Primary batteries typically apply to short missions (less than one 
day) or to long-term tasks such as memory backup, which use very little power. The 

1<01 .... 1----Charge Phase .... Discharge Phase 
Minimal 
Overcharge I 

f- - - ';;;W;; Cu"rre-;rt - 1 
Stable Discharge Voltage 

(AatCurve) 

Fig. 11-10. 

I 
I 

- - -Negati-; C;;;; - - --
I 

ProfIle of ChargeIDlscharge Voltages for Batteries. Secondary batteries may cycle 
through this type of profile hundreds or thOusands of times during their mission DIe. At 
the left edge, the voltage Is low because the spacecraft just ceme out of eclipse where 
It used battery power. During the charge phase, there Is positive current from the 
power regulator, so the battery voltage rises. In the discharge phase (In eclipse again), 
there Is a negative current, so the battery voltage decreases. 

most common batteries use silver zinc, lithium thionyl chloride, lithium sulfur dioxide, 
lithium monoflouride, and thermal cells. Table 11-38 highlights the applications and 
relative merits. It also depicts the wide ranges in each couple's specific-energy 
density. We cannot specify a value for specific-energy density because cells vary in 
design and depend on mission requirements. We must coordinate mission require-
ments with the battery manufacturer to specify battery performance. 

TABLE 11-38. Characteristics of Selected Primary Batteries. Primary battery manufacturers 
can meet power requirements within these ranges of specific energy density. We 
must tradeoff cost and mass with capacity whOe ensuring mission accom-
plishment 

Specmc Energy 
Primary Density Typical 

Battery Couple (W'hrlkg) Application 
Silver Zinc 60-130 High rate, short rife (minutes) 
Uthlum Thionyl Chloride 175-440 Medium rate, moderate life « 4 hours) 
Uthium Sulfur Dioxide 130-350 low/medium rate, long life (days) 
Uthium Monoflouride 130-350 Low rate, long life (months) 
Thermal 90-200 High rate, very short life (minutes) 

A secondary battery for energy storage can convert chemical energy into electrical 
energy during discharge and electrical energy into chemical energy during charge. It 
can repeat this process for thousands of cycles. Table 11-39 shows ranges of specific-
energy density for common secondary batteries. A secondary battery provides power 
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Dispositivos de alta eficiencia y
fiabilidad, funcionan mediante una
reacción de oxidación, y no tienen
problemas con la temperatura.

Usadas en el programa Apollo y otras
misiones tripuladas (e.g. Shuttle).

Pueden ser regenerativas
(experimental).

Requieren un tiempo de arranque y
parada.

Células de Combustible 

Una de las dos células de
combustible a bordo de la
misión Gemini (1965, 8 d́ıas de
duración). Medidas: 60cm de
largo y 30cm. de radio.
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Son con gran diferencia el sistema
más usado.

Obtienen la enerǵıa eléctrica
mediante el efecto fotovoltaico, y
potencialmente tienen una vida
infinita

Están limitados a la presencia del sol,
luego no son válidos para exploración
interplanetaria lejana o durante los
eclipses.

Su rendimiento depende de muchos
factores, pero fundamentalmente de
la intensidad de radiación solar
recibida y del ángulo de incidencia.

Paneles Solares (intensidad) 

!! A mayor intensidad, más 
energía disponible 
"! Aumento de Icc (bastante) 

y Vca (poco) 

!! Canto más normalmente 
incidan los rayos, más 
energía disponible 

!! Ello también conlleva un 
incremento de T Variación de la curva I-V con

la intensidad solar.

El aumento de la intensidad
solar implica un aumento de
temperatura, que disminuye el
rendimiento, además la
dilatación puede ser
peligrosa.
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(Arriba)Variación de la intensidad
solar según planetas.

(Derecha)Variación de la curva I-V
según la temperatura.

Paneles Solares (intensidad) 

(Arriba)Variación de la
intensidad solar efectiva con el
ángulo de incidencia.

Paneles Solares (temperatura) 

!! La temperatura disminuye la potencia disponible 

44 / 74



Subsistemas
El entorno de un veh́ıculo espacial

Introducción a los sistemas de un veh́ıculo espacial

Sistema de potencia eléctrica
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Para aumentar el rendimiento se
pueden usar distintas soluciones,
como reflectores

Problema: elevan la temperatura. La
solución apropiada, depende del tipo
de célula

Las células sufren degradación por
radiación, limitándose mucho su vida
útil: la curva I-V se desplaza hacia
abajo con el tiempo.

Puede paliarse usando escudos
protectores. Se agrava en los
cinturones de Van Allen.

El espesor también influye en el
rendimiento.

Pueden ser de diversos
materiales:

Silicio: es el más común
GaAs es más eficiente, caro
y resistente a radiación.

Interesa baja enerǵıa entre la
banda de valencia y la de
conducción.
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Figure 3.33 Evolution of Solar Array Designs for U.S. Spacecraft

strong, but relatively lightweight. In recent years honeycomb panels have been made

from materials other than aluminum, most notably from graphite/epoxy sheets and rib-

bons. Hybrid panels, which have an aluminum core covered by epoxy/glass facesheets,

have also been made and flown. The automatic deployment of rigid panel arrays is

accomplished by using springs to actuate motion around a series of hinges between the

panels. Once deployed, the panels are locked in place by a set of latches to become a

stiffened solar array, and after being locked, such an array cannot be refolded or restowed.

The BOL power density provided by a planar array will depend on the weight and

efficiency of the solar cell. In general, BOL power densities range from about 35 to 65

W/kg for silicon cells and from about 45 to 75 W/kg for GaAs/Ge cells. The total array

BOL will be about one-third lower than these numbers, mostly because of the additional

(Izquierda) Diversas
configuraciones de paneles solares.

Los factores más importantes a la
hora de diseñar la geometŕıa vienen
de la interacción con la mecánica
orbital (eclipses) y con la actitud
(orientación).

Se deben considerar los periodos de
eclipses, su frecuencia y duración

La variación de la orientación con el
tiempo puede corregirse mediante
un aumento del área (mayor
resistencia aerod.) o con el sistema
de control de actitud (partes
móviles,complejidad y peso).
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TABLE 11-34. Solar Array Design Process. In the AreSat example column, Id represents 
inherent degradation, 8 is incidence angle, Ld Is life degradation, and X 
and Xd represent the effiCIencIes of the power distribution paths. The 
following the table further explains these quantities. 

Step Reference F1reSat Example 
1. Determine requirements 

and constraints for power 
subsystem solar array 
design 
• Average power required Input parameter, 110 W during daylight 

during daylight and Sees. 10.1, 102 and eclipse 
eclipse 

• Orbit altitude and Input parameter, 700km 
eclipse duration endpapers 35.3 min 

• Design lifetime Chaps. 2,3 5yr 
2. Calculate amount of power Step 1 Pe = Pct = 110W that must be produced by Eq. 5-5, end papers 78 = 35.3 min the solar arrays, Psa (Orbit period - 78) 7d = 63.5 min 

'Assume a peak power track-
Ing regulation scheme with 
Xe = 0.6 and Xd = 0.8 

Eq.11-5 Psa = 239.4 W 
3. Selecttype of soler cell and ·Si: Po - 0.148 X 1,367 W/rn2 Si solar cells 

estimate power output, Po, =202W/rn2 Po = 202 W/rn2 with the Sun normal to the *GaAs: Po = 0.185 X 1,367 W/rn2 surface of the cells = 253 W/rn2 
*Multijunction: 

Po = 0.22 X 1,367 W/rn2 
=301 W/rn2 

4. Determine the beginning- Table 11-35 Id= 0.77 
of-life (BOl) power pro- Eq.5-7 8 = 23.5 deg (worst case) duction capability, PSOL ' 
per unit area of the array Eq.11-6 PSOL = 143 W/m2 

5. Determine the end-of-life Performance degradation Performance degradation Is 
(EOl) power production SI: 3.75% per yr, 3.75% per year 
capability, PEOL , for the GaAs: 2.75% per yr, 
solar array Multijunction: 0.5% per yr 

Eq.11-7 Let = 0.826 for 5 yr mission 
Eq.11-8 PEOL = 118.1 W/rn2 

6. Estimate the Solar array Eq.11-9 Asa=2.0 m2 
area, Asa , required to 
produce the necessary 
power, Psa , based on PEOL 
an altemate approach Eq.10-12t 'Asa = 2.5 rn2 

7. Estimate the mass of the 
soler array 

Eq.10-131 Ma= 9.6 kg 

8. Document assumptions 

* efficiencIes for SI, GaAs, and multljunctlon solar cells are 14.8"/0, 18.5%, end 22%, 

t Use P sa In these equations. 

11.4 Power 413 

In designing a solar array, we trade off mass, area, cost, and risk. Silicon presently 
costs the least for most photovoltaic power applications, but it often requires larger 
area arrays and more mass than the more costly gallium-arsenide cells. Programs for 
which mass and volume (solar array area) are critical issues may allow higher costs or 
technical risks. They could select a system based on gallium arsenide or some other 
advanced type of solar cell. Risk develops from the unproven reliability and fabrica-
tion of the photovoltaic source. 

A solar array's illumination intensity depends on orbital parameters such as the Sun 
incidence angles, eclipse periods, solar distance, and concentration of solar energy. 
Tracking and pointing mechanisms on the solar array often adjust for these influences. 
If we mount the cells on the body of the spacecraft, we must orient them so they will 
generate adequate power throughout the mission. 

Step 2. To estimate the solar-array area required for a spacecraft, we first determine 
how much power, Psa ' the solar array must provide during daylight to power the 
spacecraft for the entire orbit 

( PeTe + I:J7d) 
Xe Xd Psa = 

7d 
(11-5) 

where Pe and Pd are the spacecraft's power requirements (excluding regulation and 
battery charging losses) during eclipse and daylight, respectively, and Te and Td are 
the lengths of these periods per orbit. The terms Xe and Xd represent the efficiency of 
the paths from the solar arrays through the batteries to the individual loads and the path 
directly from the arrays to the loads, respectively. The efficiency values for eclipse and 
daylight depend on the type of power regulation: direct energy transfer or peak-power 
tracking. (A description of these methods follows in Sec. 11.4.4.) For direct energy 
transfer, the efficiencies are about Xe = 0.65 and Xd = 0.85; for peak-power tracking 
they are Xe = 0.60 and Xd = 0.80. The efficiencies of the former are about 5% to 7% 
greater than the latter because peak-power tracking requires a power converter 
between the arrays and the loads. 

Step 3. Table 11-35 shows the efficiencies and radiation-degradation sensitivities 
of three main types of cells. Gallium arsenide has the advantage of higher efficiencies, 
whereas indium phosphide reduces the degrading effects of radiation. Silicon solar cell 
technology is mature and has the advantage of lower cost per watt for most applica-
tions. Gallium arsenide and indium phosphide cost about 3 times more than silicon. 

The energy-conversion efficiency of a solar cell is defined as the power output 
divided by the power input. The power input value for a planar solar array is the solar-
illumination intensity (1,367 W/m2). Thus, a solar panel with a BOL efficiency of 18% 
will provide 246 W/m2• We must be aware that reported efficiency values for solar 
panels often apply only to single cells. We need to identify losses inherent to panel 
assembly (diodes, interconnect cabling, transmission losses) to size the array ade-
quately. We also need to note that these efficiency values often refer to laboratory 
cells and not production cells, which have lower average efficiencies. 

To complete this step. we identify the type of solar cells and how their performance 
will degrade during the mission. Ideally, silicon and gallium arsenide solar cells have 
efficiencies of about 14.8% and 18.5%. These solar cell efficiencies give us ideal solar 
cell output perforinance per unit area, Po, of 202 W/m2 and 253 W/m2, respectively, 
if the incident solar radiation (1,367 W 1m2) is normal to the surface. 
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Los paneles solares de la ISS (potencia requerida 110 kW,
pueden generar en torno a 200 kW), más de 3000 m2.
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Control Térmico
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Misión Juno. Los paneles (3) tienen 2.7 x 10 metros.
Producirá uno 400 W en la órbita de Júpiter.
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RTG: Radioisotope Thermoelectric
Generator.

Se basa en el efecto Seebeck,
empleando el calor generado por la
descomposición de un material
radioactivo.

Ventajas: No depende del Sol o la
orientación, genera grandes
potencias, tiene una vida muy larga,
sirve para bajas potencias.

Desventajas: Rendimiento máximo en
torno al 10 %, es muy dif́ıcil
mantener la diferencia de T, una vez
que arranca, no se puede parar.

RTG 

Otras dificultades prácticas:
Influencia nociva en el resto de
equipos, problemas en el
tratamiento manual (daño
humano), puede interferir en
las antenas, bajo voltaje de
salida, problemas poĺıticos.
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Los RTG de la Pioneer 10/11 (155W nominales en el
lanzamiento, activo por más de 30 años).
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Combustibles adecuados para los RTG.
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Figure 10.12 Schematic diagram of a semiconductor radioisotope 
generator (:rom Angrist, S. W. (1982) Direct energy conversion, 4th 
edn, COPYright Allyn and Bacon, New York) 

The power output from such a device is a function of the absolute temperature of the 
hot junction, the temperature difference that may be maintained between the junctions 
and also the properties of the materials. Because such devices are relatively inefficient 
Oess than 10%), one major problem in their design is removing waste heat. 

The heat source used in space systems is derived from the spontaneous decay of a 
radioactive material. As this decays, it emits high-energy particles that can lose part of 
their energy in heating absorbing materials. Suitable fuels are listed in Table 10.4, and 
shows the half-life (TI/2) for each of the fuels, namely, the time required for the amount 
of a given radioactive isotope in a sample to halve. Thus over a period of time t, the 
power available from such a fuel decreases by an amount given by 

(
-0.693 ) P, = Po exp ---t 

TI/2 
(10.4) 

where P, is the power at time t after some initial time to. 
Table 10.4 indicates that high specific power levels are available from sources with 

shorter half-lives (and hence shorter duration missions). For deep-space missions a long 
life isotope is essential; for example, the design life for the Cassini-Satum orbiter is 
11 years, after which time the electrical power source is required to be 628 W. For these 
missions Plutonium is used exclusively. 

Table 10.4 Possible fuels and their performance for radioisotope 
generators (From Angrist, S. W. (1982) Direct energy conversion. 4th 
edn, Copyright Allyn and Bacon, New York) 

Isotope Fuel fonn Decay Power densiIy 'l"1/2(yr) 
(W/g) 

Polonium 210 GdPo a 82 0.38 
Plutonium 238 a 0.41 86.4 
Curium 242 a 98 0.4 
Strontium 90 srO f3 0.24 28.0 
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The advantages of RTGs over other systems include the following: 

]. They provide independence of power production from spacecraft orientation and 
shadowing. 

2. They provide independence of distance from the Sun (deep-space missions are 
possible). 

3. They can provide low power levels for long periods of time. 
4. They are not susceptible to radiation damage in the Van Allen belts. 
5. They are suitable for missions with long eclipse periods, for example, lunar landers. 

The disadvantages of RTG systems need also be considered, and include 

]. They adversely affect the radiation environment of the satellite whilst in orbit. 
This will influence the spacecraft configuration significantly as may be seen from 
Figure 10.13, which shows the Galileo spacecraft. In this instance, the RTG needs 
to be deployed on a lengthy boom away from the main satellite bus. 

2. Careful handling procedures are required during satellite integration owing to the 
radiation hazard posed by the radioactive source. 

3. High temperature operation is required for efficient energy conversion. This impacts 
upon the thermal environment of the vehicle, and again on vehicle configuration. 

4. RTGs are a source of interference for plasma diagnostic equipment that may be 
carried as part of the scientific objectives of the mission. 

5. At the political level there has been increasing concern expressed at the inclusion 
of radioactive material on board a satellite. This is principally of concern because 
of the potential for such a source to be dispersed in the atmosphere, should there be 
a launch failure. 
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Figure 10.13 The Galileo spacecraft configuration, showing the position of the RTG 
sources (Courtesy of NASAlJPUCaltech) 
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Table 10.5 RTG system performance 

Name 

Cassini (1997 launch) 
Galileo probelUlysses (GPHS RTG, late 19805) 
NimbusNtkinglPioneer (SNAP 19, mid 1970s) 
Apollo lunar surface experiment: 

SNAP-27, early 19705 
SNAP 9A, 19605 

Power (W) 

628 
285 
35 

25 
73 

kglkW 

195 
195 
457 

490 
261 

System for Nuclear Auxiliary Power (SNAP-19). which powered the Viking lander 
vehicle to Mars, had a specific power of 2.2 Wlkg, with a thermal/electric efficiency 
of The output electrical power was 35W. Table 10.5 summarizes data on RTG 
systems. 

10.3.4 Other primary power systems 

Two other primary power systems have been developed for operation-nuclear fission and 
solar heat. The former has been extensively used in the former Soviet space programme for 
military purposes. The latter has not flown in space yet, but a substantial effort has taken 
place in recent years in developing such systems for potential use on the International 
Space Station. 

Nuclear fission systems 

These systems operate in a similar way to conventional ground-based nuclear power 
stations, in that fissile material such as uranium-235 is used as a heat source. In space 
systems, this is used to drive a thermoelectric converter as noted in the preceding section. 
Specific features of space-based systems relate to the fail-safe requirement, particularly 
during launch. 

Whilst the USA has invested substantially in the SNAP systems (even number SNAP 
designates a reactor system), these have not been used regularly. The main focus of their 
activity in recent years has been on the SPl00 system [11]. It is notable, however, that 
the purchase of Russian technology by the US suggests that this US programme may not 
be pursued vigorously in the future. 

Solar heat systems 

The use of solar energy directly in the form of heat can provide system advantages. The 
heat energy can be used to drive a heat engine and then a rotary converter to electricity 
(solar dynamic), or directly be used as a heat source for a thermoelectric converter (solar 
thennoelectric ). 

Solar dynamic systems have had the greatest concentration of effort for the ISS. Design 
studies show that their end-to-end conversion efficiency is approximately 25% greater 
than for photovoltaics. This results in a reduced need for deployed collection area by 
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about 25%, and consequently in reduced aerodynamic drag for LEO satellites. In the 
original concept for the ISS, primary power for the initial in-orbit capability was to be 
75 kW, derived from photovoltaics .• Power expansion was then assumed to be provided 
by solar dynamics in two units of 25 kW. 

Solar dynamic systems, resulting in less drag, lead to lower fuel usage for orbit mainte-
nance. This reduces the cost of station operation, principally by reducing the demand for 
Shuttle refuelling flights. An additional cost benefit arises from the lower maintenance 
costs envisaged for solar dynamic systems compared with photovoltaic systems. Over 
the lifetime of the Space Station, cost savings of several billions of dollars have been 
identified [12]. 

The concept studied by NASA. and which was the original baseline for the ISS solar 
dynamic system, is based upon the Brayton Cycle engine [12]. A block diagram of this 
is shown in Figure 10.14. The working fluid for this all-gas phase cycle is helium and 
xenon in such a proportion that the equivalent molecular weight is 40. This all-gas phase 
cycle minimizes problems of handling wet vapours (leading to erosion) and gravitational 
effects in transporting fluids. Storage of power within the concept was to be performed 
thermally, using the latent heat of fusion for a lithium fluoride/calcium fluoride mix-
ture: This phase change occurs at 1042K. Storing power in this way provides mass 
savings compared to battery technology, because of the high quality (temperature) heat 
energy. 

Funding problems for the ISS have led to a cancellation of the power extension require-
ments. This has resulted in the cessation of most technology development work in this 
field. In the longer term, however, it is apparent from the activities that have been per-
formed so far, that solar dynamics will playa role in large LEO space stations. 

10.4 SECONDARY POWER SYSTEMS: BATTERIES 
Batteries have been used extensively for the secondary power system, providing power 
during periods when the primary one is not available. As a back-up for a solar array 
this means that the batteries must provide power during eclipses, and that the array must 
recharge the batteries in sunlight. 

52 / 74



Subsistemas
El entorno de un veh́ıculo espacial

Introducción a los sistemas de un veh́ıculo espacial

Sistema de potencia eléctrica
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Misiones de la NASA con RTG hasta los años 90.
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410 Spacecraft Subsystems 11.4 

TABLE 11-33. MatrIx for Comparing Most Common Spacecraft Power Sources. We may 
use different factors to select the correct power source but speci1lc power and 
specific cost are used extensively. 

EPS Solar 
Design Solar Thermal RadiO. Nuclear Fuel 

Parameters PhotovoHalc Dynamic Isotope Reactor Cell 
Power Range (kW) 0.2-300 5-300 0.2-10 5-300 0.2-50 
Specific Power (WJ1<g) 25-200 9-15 5-20 2-40 275 
Specific Cost ($IW) 800-3.000 16K- 4OOK- Insufficient 

200K 700K Data 
Hardness 

- Natural Radiation Low-Medlum High Very high Very high HIgh 
- Nuclear Threat Medium High Very high Very high HIgh 
- Laser Threat Medium High Very high Very high High 
-Pellets Low Medium Very high Very high Medium 

Stability and Low Medium High High High 
Maneuverability 
Low-orblt Drag High High Low Medium Low 

(due to 
radlator) 

Degradation Over life Medium Medium Low Low Low 
Storage Required for Yes Yes No No No Solar EcOpse 
Sensitivity to MedIum High 
Sun Angle 

None None None 

Sensitivity to Low High None None None 
Spacecraft (with bypass 
Shadowing diodes) 
Obstruction of High High Low MedIum None 
Spacecraft (due to 
Viewing radiator) 
Fuel Availability Unlimited UnHmlted Very low Very low Medium 
Safety Analysis Minimal MInImal Routine Extensive Routine 
Reporting 
IR Signature Low Medium MedIum High Medium 
PrIncipal Earth-orbltlng Interplanetary, Inter- Inter- Inter-
Applications spacecraft Earth-orbltlng planetary planetary planetary 

spacecraft 

a turbine, alternator, condenser, and pump. This power-conversion 
cycle IS essentlal1y the same as that used to generate electricity from fossil and nuclear 
energy on Earth. Power-conversion efficiencies for Rankine-cycle engines are 
15-20%. Brayton-cycle engines are dynamic devices that use a single, compressible 
working fluid as the working medium. The thermodynamic cycle consists of adiabatic 
compression and expansion stages separated and coupled by stages that add or reject 

at constant pressure. Placed after the turbine, a recuperator-heat exchanger 
Improves the c:ycle's efficiency. Power conversion efficiencies for the Brayton cycle 
are 2.0-35%. 

11.4 Power 411 

Fuel cells convert the chemical energy of an oxidation reaction to electricity. They 
are self-contained generators that operate continuously without sunlight, but must 
carry their own reactant supply, usually. The longer the mission, the larger the reactant 
tanks. The most popular version for space applications is the hydrogen-oxygen 
(referred to as "alkaline" because of the KOH electrolyte) cell because of its 
relatively high specific power (275 W/kg on the Space Shuttle), low reactant mass 
(hydrogen and oxygen); and useful by-product (water). . 

A typical single cell produces a voltage of 0.8 Vdc. In combination, a fuel cell unit 
can create many kilowatts of power (each Shuttle fuel cell produces 16 kW peak or 
12 kW continuous). The energy conversion efficiency can run as high as 80% for low 
current draws, but as current increases, the efficiency drops to 50-60%, due to activa-
tion overpotential and electrical resistance in the electrolyte solution between elec-
trodes. However, compared with other power sources, fuel cell efficiencies are bigh. 

The three Space Shuttle fuel cells are state-of-the-art power generators that produce 
all of the Shuttle electricity for the 28 Vdc bus. Their high efficiency (70%), low 
weight (118 kg), and excellent reliability (> 99% available) attest to their quality. 
Other important factors are their IS-min start-up time, instantaneous shutdown, and 
long lifetime (2,400 hours before refurbishment). Besides electricity, these fuel cells 
produce crew drinking water, at a rate of 0.36 kg/kWh, or about 104 kg a day.· 

Research is underway to solve the short-mission limit with fuel cells, caused by 
carrying large reactant masses. Because the fuel-cell reaction is reversible, we can use 
electrolysis to create more reactants from the water by-product To optimize each pr0-
cess, however, we have to use separate units for generating electricity and separating 
the water. Any long-duration mission could use this regenerative system if it had some 
input electricity from solar cells, nuclear generators, or other power system during 
periods of low electrical load. 

Earth-orbiting spacecraft at low-Earth to geosynchronous orbits have usually 
employed photovoltaics as their power source. Often, photovoltaics were the only real 
candidate for these low-power missions (less than 15 kW) because solar cells were 
well-known and reliable. Photovoltaic sources are not attractive for interplanetary 
missions to the outer planets because solar radiation decreases, thus reducing the avail-
able energy from a solar array. To configure and size a solar array, we must understand 
cell types and characteristics; solar-array design issues, types, sizing calculations, con-
figurations, regulation; and radiation and thermal environments. Key design issues for 
solar arrays include spacecraft configuration, required power level (peak and average), 
operating temperatures, shadowing, radiation environment, illumination or orienta-
tion, mission life, mass aDd area, cost, and risk. Table 11-34 shows the solar array 
design process. 

Step 1. Mission life and the average power requirement are the two key design 
considerations in sizing the solar array for most spacecraft. We size a photovoltaic 
system to meet power requirements at EOL, with the resulting solar array often over-
sized for power requirements at BOL. This excess power at BOL requires coordinated 
systems engineering to avoid thermal problems. The longer the mission life, the larger 
the difference between power requirements at EOL and BOL. We usually consider 
photovoltaics a poor power source for missions lasting more than 10 years because of 
natural degradation in the solar array. Section 11.4.4 discusses how we manage excess 
power from the solar array. The average power requirement can be obtained from 
Sees. 10.1 and 10.2. 

• Telephone conv.ersation with Jay Garrows, International Fuel Cells, Inc., Oct. 98. 

Tabla: Caracteŕısticas de las posibles fuentes primarias. 55 / 74



Subsistemas
El entorno de un veh́ıculo espacial

Introducción a los sistemas de un veh́ıculo espacial

Sistema de potencia eléctrica
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The resulting solar-array area for the example spacecraft is about 2.0 m2• If we had 
used a perfectly pointed array, the BOL power would have been 155 W/m2, resulting 
in an EOL power of 128 W/m2 and an array area of 1.9 m2• So, having to account for 
the cosine loss costs us 0.1 m2 in array size and the equivalent mass. 

Solar-array sizing is more difficult than it appears from the above discussion. 
Typically, we must consider several arrays with varying geometry. Also, the angle of 
incidence on the array surface is constantly changing. We must predict that angle COD-
tinuously or at least determine the worst-case angle to develop an estimate of PEOL ' 

11.4.2 Energy Storage 

Energy storage is an integral part of the spacecraft's electrical-power subsystem 
providing all the power for short missions « 1 week) or back-up power for longer 
missions (> 1 week). Any spacecraft that uses photovoltaics or solar thermal dynamics 
as a power source requires a system to store energy for peak-power demands and 
eclipse periods. Energy storage typically occms in a battery, although systems such as 
flywheels and fuel cells have been considered 'for various spacecraft. 

A battery consists of individual cells connected in series. The number of cells 
required is determined by the bus-voltage. The amount of energy stored within the bat-
tery is the ampere-hour capacity or watt-hour (ampere-hour times operating Voltage) 
capacity. The design or nameplate of the battery derives from the energy-
storage requirements. Batteries can be connected in series to increase the voltage or in 
parallel to increase this current output-tbe net result being an increase in watt-hour 
capacity. 

Table 11-37 lists issues to consider early in the conceptual phase of any program. 
Most of all, we try to provide a stable voltage for all operating conditions during the 
mission life because load users prefer a semi-regulated bus voltage. The difference in 
energy-storage voltage between end of charge and end of discharge often determines 
the range of this bus voltage. 

TABLE 11-37. Issues In Designing the Energy Storage Capability. Energy storage usually 
means large batteries and we must consider all their characteristics when 
designing this subsystem. 

Physical Size, weight, configuration, operating position, static and dynamic environments 

Electrical Voltage, current loading, duty cycles, number of duty cycles, activation time and 
storage time, and Omits on depth-of-dlscharge 

Programmatic Cost, shelf and cycle ute, mission, reUablDty, malntalnablDty, and produceabDity 

Figure 11-10 highlights the charge-discbarge characteristics of a spacecraft's 
energy-storage system. We want a flat discharge curve that extends through most of 
the capacity and little overcharge. Overcharging quickly degrades most batteries. We 
also need to match the electrical characteristics of the battery cells. Otherwise, charge 
imbalances may stress and degrade the batteries, resulting in a shorter life for the 
electrical-power subsystem. 

All battery cells are either primary or secondary. Primary battery cells convert 
chemical energy into electrical energy but cannot reverse this conversion, so they can-
not be recharged. Primary batteries typically apply to short missions (less than one 
day) or to long-term tasks such as memory backup, which use very little power. The 
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ProfIle of ChargeIDlscharge Voltages for Batteries. Secondary batteries may cycle 
through this type of profile hundreds or thOusands of times during their mission DIe. At 
the left edge, the voltage Is low because the spacecraft just ceme out of eclipse where 
It used battery power. During the charge phase, there Is positive current from the 
power regulator, so the battery voltage rises. In the discharge phase (In eclipse again), 
there Is a negative current, so the battery voltage decreases. 

most common batteries use silver zinc, lithium thionyl chloride, lithium sulfur dioxide, 
lithium monoflouride, and thermal cells. Table 11-38 highlights the applications and 
relative merits. It also depicts the wide ranges in each couple's specific-energy 
density. We cannot specify a value for specific-energy density because cells vary in 
design and depend on mission requirements. We must coordinate mission require-
ments with the battery manufacturer to specify battery performance. 

TABLE 11-38. Characteristics of Selected Primary Batteries. Primary battery manufacturers 
can meet power requirements within these ranges of specific energy density. We 
must tradeoff cost and mass with capacity whOe ensuring mission accom-
plishment 

Specmc Energy 
Primary Density Typical 

Battery Couple (W'hrlkg) Application 
Silver Zinc 60-130 High rate, short rife (minutes) 
Uthlum Thionyl Chloride 175-440 Medium rate, moderate life « 4 hours) 
Uthium Sulfur Dioxide 130-350 low/medium rate, long life (days) 
Uthium Monoflouride 130-350 Low rate, long life (months) 
Thermal 90-200 High rate, very short life (minutes) 

A secondary battery for energy storage can convert chemical energy into electrical 
energy during discharge and electrical energy into chemical energy during charge. It 
can repeat this process for thousands of cycles. Table 11-39 shows ranges of specific-
energy density for common secondary batteries. A secondary battery provides power 

Algunas bateŕıas de Litio
permiten reacondicionamiento,
para recuperar la curva
carga-descarga original.
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The resulting solar-array area for the example spacecraft is about 2.0 m2• If we had 
used a perfectly pointed array, the BOL power would have been 155 W/m2, resulting 
in an EOL power of 128 W/m2 and an array area of 1.9 m2• So, having to account for 
the cosine loss costs us 0.1 m2 in array size and the equivalent mass. 

Solar-array sizing is more difficult than it appears from the above discussion. 
Typically, we must consider several arrays with varying geometry. Also, the angle of 
incidence on the array surface is constantly changing. We must predict that angle COD-
tinuously or at least determine the worst-case angle to develop an estimate of PEOL ' 

11.4.2 Energy Storage 

Energy storage is an integral part of the spacecraft's electrical-power subsystem 
providing all the power for short missions « 1 week) or back-up power for longer 
missions (> 1 week). Any spacecraft that uses photovoltaics or solar thermal dynamics 
as a power source requires a system to store energy for peak-power demands and 
eclipse periods. Energy storage typically occms in a battery, although systems such as 
flywheels and fuel cells have been considered 'for various spacecraft. 

A battery consists of individual cells connected in series. The number of cells 
required is determined by the bus-voltage. The amount of energy stored within the bat-
tery is the ampere-hour capacity or watt-hour (ampere-hour times operating Voltage) 
capacity. The design or nameplate of the battery derives from the energy-
storage requirements. Batteries can be connected in series to increase the voltage or in 
parallel to increase this current output-tbe net result being an increase in watt-hour 
capacity. 

Table 11-37 lists issues to consider early in the conceptual phase of any program. 
Most of all, we try to provide a stable voltage for all operating conditions during the 
mission life because load users prefer a semi-regulated bus voltage. The difference in 
energy-storage voltage between end of charge and end of discharge often determines 
the range of this bus voltage. 

TABLE 11-37. Issues In Designing the Energy Storage Capability. Energy storage usually 
means large batteries and we must consider all their characteristics when 
designing this subsystem. 

Physical Size, weight, configuration, operating position, static and dynamic environments 

Electrical Voltage, current loading, duty cycles, number of duty cycles, activation time and 
storage time, and Omits on depth-of-dlscharge 

Programmatic Cost, shelf and cycle ute, mission, reUablDty, malntalnablDty, and produceabDity 

Figure 11-10 highlights the charge-discbarge characteristics of a spacecraft's 
energy-storage system. We want a flat discharge curve that extends through most of 
the capacity and little overcharge. Overcharging quickly degrades most batteries. We 
also need to match the electrical characteristics of the battery cells. Otherwise, charge 
imbalances may stress and degrade the batteries, resulting in a shorter life for the 
electrical-power subsystem. 

All battery cells are either primary or secondary. Primary battery cells convert 
chemical energy into electrical energy but cannot reverse this conversion, so they can-
not be recharged. Primary batteries typically apply to short missions (less than one 
day) or to long-term tasks such as memory backup, which use very little power. The 
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ProfIle of ChargeIDlscharge Voltages for Batteries. Secondary batteries may cycle 
through this type of profile hundreds or thOusands of times during their mission DIe. At 
the left edge, the voltage Is low because the spacecraft just ceme out of eclipse where 
It used battery power. During the charge phase, there Is positive current from the 
power regulator, so the battery voltage rises. In the discharge phase (In eclipse again), 
there Is a negative current, so the battery voltage decreases. 

most common batteries use silver zinc, lithium thionyl chloride, lithium sulfur dioxide, 
lithium monoflouride, and thermal cells. Table 11-38 highlights the applications and 
relative merits. It also depicts the wide ranges in each couple's specific-energy 
density. We cannot specify a value for specific-energy density because cells vary in 
design and depend on mission requirements. We must coordinate mission require-
ments with the battery manufacturer to specify battery performance. 

TABLE 11-38. Characteristics of Selected Primary Batteries. Primary battery manufacturers 
can meet power requirements within these ranges of specific energy density. We 
must tradeoff cost and mass with capacity whOe ensuring mission accom-
plishment 

Specmc Energy 
Primary Density Typical 

Battery Couple (W'hrlkg) Application 
Silver Zinc 60-130 High rate, short rife (minutes) 
Uthlum Thionyl Chloride 175-440 Medium rate, moderate life « 4 hours) 
Uthium Sulfur Dioxide 130-350 low/medium rate, long life (days) 
Uthium Monoflouride 130-350 Low rate, long life (months) 
Thermal 90-200 High rate, very short life (minutes) 

A secondary battery for energy storage can convert chemical energy into electrical 
energy during discharge and electrical energy into chemical energy during charge. It 
can repeat this process for thousands of cycles. Table 11-39 shows ranges of specific-
energy density for common secondary batteries. A secondary battery provides power 

Algunas bateŕıas pre-2000.
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during eclipse periods on spacecraft that employ photovoltaics and can also level 
loads. Secondary batteries recharge in sunlight and discharge during eclipse. The 
spacecraft's orbital parameters, especially altitude, determine the number of 
charge/discharge cycles the batteries has to support during the mission life. A geosyn-
chronous satellite needs to store energy for two 45-day eclipse periods per year with 
eclipses lasting no more than 72 min each day. The geosynchronous orbit demands 
few charge/discharge cycles during eclipse periods, thus allowing a fairly high (50%) 
depth-of -discharge. On the other hand, LEO spacecraft encounter at most one eclipse 
period each orbit or about 15 eclipse periods per day, with maximum shadowing of ap-
proximately 36 min. Therefore, the batteries must charge and discharge about 5,000 
times each year, and the average depth-of-discharge is only 15-25%-much lower 
than for geosynchronous spacecraft. 

TABLE 11-39. Characteristics of Selected Secondary Batteries. Though secondary bat-
teries have much lower speciflc energy densities than primary batteries, their 
ability to be recharged makes them ideal for backup power on spacecraft 
powered by solar ceDs. 

Specific Energy 
Secondary Density 

, Battery Couple (W·hrlkg) Status 
Nickel-Cadmium 25-30 Space-quaJifled, extensive database 
Nlckel-Hydrogen 35-43 Space-quaJllled, good database 
(Individual pressure vessel design) 
Nickel-Hydrogen 40-56 Space-quaJified for GEO 
(common pressure vessel design) and planetary 
Nickel-Hydrogen 43-57 Space-quaJified 
(single pressure vessel design) 
Uthlum-Ion 70-110 Under development 
(US02• UCF, USOCI2) 

Sodium-Sulfur 140-210 Under development 

Depth-aI-discharge (DOD) is simply the percent oftotal battery capacity removed 
during a discharge period. Higher percentages imply shorter cycle life as shown in 
Fig. 11-11. Once we know the number of cycles and the average depth of discharge, 
we can determine the total capacity of the batteries. 

Figure 11-11 illustrates the relationship between average depth-of-discharge 
(DOD) and cycle life for secondary batteries using nickel cadmium (NiCd) and nickel 
hydrogen (NiHU. Extensive data supports the predictions for both NiCd and NiH2. 

The NiCd battery is still a common secondary energy storage system for many 
aerospace applications. NiCd technology has been space qualified. and we have exten-
sive databases for nearly any mission. A 28 Vdc aerospace NiCd battery usually 
consists of 22-23 series-connected cells. NiCd battery cells for aerospace missions 
have typical capacities of 5 to 100 Amp-hr. 

NiH2 technology has been the recently qualified energy storage system of choice 
for aerospace applications where higher specific energies and longer life are impor-
tant The three space-qualified design configurations for NiH2 are individual pressme 
vessel, common pressure vessel, and single pressme vessel. The individual pressme 
vessel was the first NiH2 technology used for aerospace application. Here, only a 
single electrochemical cell is contained within the pressme vessel. It has a working 
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Fig. 11-11. Depth-of-Dlscharge vs. Cycle LHe for Secondary Batteries. Increased cycle life 
reduces the amount of energy available from the batteries during each cycle-DOD 
decreases with cycle life. 

terminal voltage of 1.22 to 1.25 Vdc depending upon discharge loads. The typical 
individual pressure vessel battery design consists of multiple cells connected in series 
to obtain the desired battery voltage. Cell diameters are typically 9 to 12 em, with ca-
pacity ranges from 20 to over 300 Amp-hr. The common pressure vessel NiH2 tech-
nology is very similar to individual pressme vessel, with the primary difference in the 
wiring connection of the internal electrode stacks. In the individual pressure vessel, the 
electrode stacks are all connected in parallel. In a common pressure vessel, there are 
two sets of electrode stacks within the pressure vessel that are series connected, yield-
ing a working terminal voltage of 2.44 to 2.50 Vdc. This design has a higher specific-
energy at the battery level since there are half as many pressure vessels and a signifi-
cant reduction in cell piece-parts. Common pressure vessel NiH2 technology has been 
space qualified in the 6 cm and 9 cm cell diameter configuration for capacities in the 
12 to 20 Amp-hr range. Batteries with larger Amp-hr capacities should be qualified for 
aerospace application in the near future. The single pressure vessel NiH2 battery is de-
signed such that a common hydrogen supply is used by three or more series connected 
cells with a single pressure vessel. Each cell stack contains its own electrolyte supply 
which is isolated within individual cell stack containers. The key operating character-
istic of this design is to allow the free movement of hydrogen within the cell stacks 
while maintaining cell stack electrolyte isolation. These batteries are presently avail-
able in a 125 em or 25 cm diameter design. 

Lithium Ion battery technology offers a significant energy density advantage and a 
much wider operating temperature range over NiCd and NiH2 battery types. Typical 
cell constituents are lithium thionyl chloride, lithium sulfur dioxide, and lithium 
carbon monofluoride. The nominal operating voltage for a lithium ion cell is 3.6 to 
3.9 Vdc, which allows us to reduce the number of cells by approximately one-third 
When compared to NiCd or NiH2 cells. The lithium ion secondary battery system 
offers a 65% volume advantage and a 50% mass advantage for most present day 
aerospace battery applications. Lithium ion battery technology should be qualified for 
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DoD (depth of discharge): Cuánto se descarga una bateŕıa.
Determina su tiempo de vida.
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during eclipse periods on spacecraft that employ photovoltaics and can also level 
loads. Secondary batteries recharge in sunlight and discharge during eclipse. The 
spacecraft's orbital parameters, especially altitude, determine the number of 
charge/discharge cycles the batteries has to support during the mission life. A geosyn-
chronous satellite needs to store energy for two 45-day eclipse periods per year with 
eclipses lasting no more than 72 min each day. The geosynchronous orbit demands 
few charge/discharge cycles during eclipse periods, thus allowing a fairly high (50%) 
depth-of -discharge. On the other hand, LEO spacecraft encounter at most one eclipse 
period each orbit or about 15 eclipse periods per day, with maximum shadowing of ap-
proximately 36 min. Therefore, the batteries must charge and discharge about 5,000 
times each year, and the average depth-of-discharge is only 15-25%-much lower 
than for geosynchronous spacecraft. 

TABLE 11-39. Characteristics of Selected Secondary Batteries. Though secondary bat-
teries have much lower speciflc energy densities than primary batteries, their 
ability to be recharged makes them ideal for backup power on spacecraft 
powered by solar ceDs. 

Specific Energy 
Secondary Density 

, Battery Couple (W·hrlkg) Status 
Nickel-Cadmium 25-30 Space-quaJifled, extensive database 
Nlckel-Hydrogen 35-43 Space-quaJllled, good database 
(Individual pressure vessel design) 
Nickel-Hydrogen 40-56 Space-quaJified for GEO 
(common pressure vessel design) and planetary 
Nickel-Hydrogen 43-57 Space-quaJified 
(single pressure vessel design) 
Uthlum-Ion 70-110 Under development 
(US02• UCF, USOCI2) 

Sodium-Sulfur 140-210 Under development 

Depth-aI-discharge (DOD) is simply the percent oftotal battery capacity removed 
during a discharge period. Higher percentages imply shorter cycle life as shown in 
Fig. 11-11. Once we know the number of cycles and the average depth of discharge, 
we can determine the total capacity of the batteries. 

Figure 11-11 illustrates the relationship between average depth-of-discharge 
(DOD) and cycle life for secondary batteries using nickel cadmium (NiCd) and nickel 
hydrogen (NiHU. Extensive data supports the predictions for both NiCd and NiH2. 

The NiCd battery is still a common secondary energy storage system for many 
aerospace applications. NiCd technology has been space qualified. and we have exten-
sive databases for nearly any mission. A 28 Vdc aerospace NiCd battery usually 
consists of 22-23 series-connected cells. NiCd battery cells for aerospace missions 
have typical capacities of 5 to 100 Amp-hr. 

NiH2 technology has been the recently qualified energy storage system of choice 
for aerospace applications where higher specific energies and longer life are impor-
tant The three space-qualified design configurations for NiH2 are individual pressme 
vessel, common pressure vessel, and single pressme vessel. The individual pressme 
vessel was the first NiH2 technology used for aerospace application. Here, only a 
single electrochemical cell is contained within the pressme vessel. It has a working 
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Fig. 11-11. Depth-of-Dlscharge vs. Cycle LHe for Secondary Batteries. Increased cycle life 
reduces the amount of energy available from the batteries during each cycle-DOD 
decreases with cycle life. 

terminal voltage of 1.22 to 1.25 Vdc depending upon discharge loads. The typical 
individual pressure vessel battery design consists of multiple cells connected in series 
to obtain the desired battery voltage. Cell diameters are typically 9 to 12 em, with ca-
pacity ranges from 20 to over 300 Amp-hr. The common pressure vessel NiH2 tech-
nology is very similar to individual pressme vessel, with the primary difference in the 
wiring connection of the internal electrode stacks. In the individual pressure vessel, the 
electrode stacks are all connected in parallel. In a common pressure vessel, there are 
two sets of electrode stacks within the pressure vessel that are series connected, yield-
ing a working terminal voltage of 2.44 to 2.50 Vdc. This design has a higher specific-
energy at the battery level since there are half as many pressure vessels and a signifi-
cant reduction in cell piece-parts. Common pressure vessel NiH2 technology has been 
space qualified in the 6 cm and 9 cm cell diameter configuration for capacities in the 
12 to 20 Amp-hr range. Batteries with larger Amp-hr capacities should be qualified for 
aerospace application in the near future. The single pressure vessel NiH2 battery is de-
signed such that a common hydrogen supply is used by three or more series connected 
cells with a single pressure vessel. Each cell stack contains its own electrolyte supply 
which is isolated within individual cell stack containers. The key operating character-
istic of this design is to allow the free movement of hydrogen within the cell stacks 
while maintaining cell stack electrolyte isolation. These batteries are presently avail-
able in a 125 em or 25 cm diameter design. 

Lithium Ion battery technology offers a significant energy density advantage and a 
much wider operating temperature range over NiCd and NiH2 battery types. Typical 
cell constituents are lithium thionyl chloride, lithium sulfur dioxide, and lithium 
carbon monofluoride. The nominal operating voltage for a lithium ion cell is 3.6 to 
3.9 Vdc, which allows us to reduce the number of cells by approximately one-third 
When compared to NiCd or NiH2 cells. The lithium ion secondary battery system 
offers a 65% volume advantage and a 50% mass advantage for most present day 
aerospace battery applications. Lithium ion battery technology should be qualified for 

La duración y frecuencia de los eclipses determina el número
de ciclos y las bateŕıas necesaria.
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a planetary mission by the year 2000, with space qualification for GEO and LEO 
applications by the years 2005-2010. 

To size a secondary battery, we must identify the parameters and apply the equation 
in Table 11-40. The parameter values used in the equation can vary significantly with 
battery type. The ideal battery capacity is the average eclipse load, Pe, times the 
eclipse duration, Te. This ideal capacity must be increased to include the battery-to-
load transmission efficiency, n, and the depth-of-discharge constraints. For LEO, we 
expect the battery's DOD to be 40--60% for NiH2 technology, compared to 1{}:-20% 
for NiCd technology. We base these expectations on the average DOD over 24 hours 
and assume the batteries are fully recharged at least once during this period. The 
number of batteries, N, may be equal to one for this calculation if you simply require 
a battery capacity. Two to five batteries are typical. We must have at least two (unless 
the battery uses redundant cells) because the spacecraft needs redundant operation 
with one unit failed. But more than five batteries require complex components for 
recharging. The secondary batteries may be required to help meet peak power loads 
during full Sun conditions. For some missions, the peak power loads may drive the 
required battery capacity rather than the eclipse load. To design the Energy-Storage 
subsystem, follow the steps in Table 11-40 

TABLE 11-40. Steps In the Energy Storage Subsystem Design. To obtain the required 
battery capacity In Amp-hr. divide by the required satellite bus voltage. 

Step Consider F1reSet Example 
1. Determine the • M"lSSlon length ·5yrs 

energy storage • Primary or secondary • Secondary power storage requirements power storage 
• Orbital parameters 

- Eclipse frequency • 16 eclipses per day 
- Eclipse length ·35.3 min per eclipse (Te) 

• Power use profile • Eclipse load 110 W (Pe) 
- Voltage and current - 26.4 V. 42 A (max) 
- Depth of discharge .20% (upper limit) 
- Duty cycles • TBD-depends on observations taken 

• Battery charge/discharge and downlinked during ecnpses 
cycle limits 

2. Select the type • NiCd (space quaDfied) • NICd or NIH2-both are space-
of secondary • NIH2 (space quaflfled) qua/med and have adequate 
batteries • U-Ion (under development) characteristics 

• NaS (under development) 

3. Determine • Number of batteries • N = 3 batteries (nonredundant) 
the size of • Transmission efficiency ·n=O.90 the batteries between the battery ·C,=119W-hr (battery capacity) and the load • C,= 4.5 Amp-hr (26.4 V bus) 

p.T. 
Battery Capacity: C, = (DC:Di'Nn W-hr (for battery capacity In Amp-hr. divide by bus voltege) 

11.4 Power 423 

11.4.3 Power Distribution 
A spacecraft's power distn'bution system consists of cabling, fault protection, and 

switching gear to tum power on and off to the spacecraft loads. It also includes 
command decoders to command load relays on or off. The power 
system is a unique feature of the electrIcal-power subsystem and often reflects indi-
vidual spacecraft loads and power-switching Power designs 
for various power systems depend on source characteristics, load reqwrements, and 
subsystem functions. In selecting a type of power distribution. we focus on keeping 
power losses and mass at a minimum while attending to survivability, cost, reliability, 
and power quality. . .. 

Power switches are usually mechamcal relays because of then proven flight 
history. reliability. and low power dissipation. Solid-state relays, based on power tech-
nology, which uses metaI-oxide semiconductor field-effect transistors are available. 

The load profile of a spacecraft is a key determining factor in the design specifica-
tions of a power distribution subsystem. Predominant spacecraft loads (radar, com-
munications, motors. computers) may require low- to high-voltage dc (5-270 Vdc), 
high-voltage single-phase ac (115 Vrms, 60 Hz), or high-voltage three-phase ac 
(120/440 Vrms, 400 Hz)-all converted from the 28-Vdc power bus. Because the 
ulation requirements for these loads vary, the bus voltage may need further regulating, 
leveling up or down, and, possibly. inverting through dc-dc converters. Spacecraft 
power loads often tum on or off or otherwise vary their power consumption. Transient 
behavior within a load may produce noise that the distribution system translates to 
other loads. potentially harming working components. In addition, certain spacecraft 
loads require a voltage different from the bus voltage. Power converters often connect 
loads susceptJ'ble to noise or requiring voltage conversion to the distn'bution system. 
These converters typically isolate the load from the noise on the bus and regulate the 
power provided to the load against disturbances from the load and the bus. They also 
keep load failures from damaging the power-distribution system and provide 
control to desired loads. Any dc-dc converter connected to the bus must dampen Its 
electromagnetic-interference filter to keep step loads from causing excessive ringing. 

We need to know the boundaries of the load profile to evaluate its effects on 
required bus voltage and frequency. Most spacecraft have demanded power 
« 2,000 W), so power distribution has relied on a standard, 28 V bus. This standard, 
with electronic parts built to match, has limited study of the best bus voltage. As power 
systems expand to many kilowatts, the 28 V bus may not work for power distribution 
because of losses in cabling and limits on mass. The harness or cabling that intercOD-
nects the spacecraft's subsystems is a large part (10-25%) of the electrical-power 
system's mass. We must keep harnesses as short as possible to reduce voltage drops 
and to regulate the bus voltage. Figure 11-12 depicts the relationship between current 
and cable mass. 

Systems for distributing power on spacecraft have been predominantly dc because 
spacecraft generate direct current power. Direct-current systems will dominated 
throughout the 199Os. Conversion to ac would require more electronics, which would 
add mass to. the BPS. Altemating-current power distribution applies only for high-
power spacecraft, such as the International Space Station, which have many electrical 
loads with varying duty cycles. Even on the space station, however. recent decisions 
have taken planners back to de for the entire distribution system. 

Power distn'bution systems are either centralized or decentralized, depending on the 
location of the converters. The decentralized approach places the CQnverters at each 
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Alternativas futuras

Reactores nucleares: alto rendimiento y potencia de orden de
MW. Problema: Lanzamiento de material fisible.

Sistemas Dinámicos de Isótopos: complementan los RTG
mediante ciclos termodinámicos.

AMTEC (alkali-metal thermal-to-electric conversion): Sin
partes móviles, gran potencial.

Sistemas Solares Dinámicos: Combinan la enerǵıa solar con
ciclos termodinámicos. Se obtienen cientos de kW.
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Control Térmico

Sistema de control térmico: Conjunto de elementos dedicados
a garantizar ciertas condiciones de temperatura

Atiende a las necesidades espećıficas de cada sistema y
elementos del veh́ıculo, que tendrán su condiciones nominales
térmicas para su correcto funcionamiento.

Es función de la órbita y la actitud (orientación).

Sus requisitos vendrán dados por los elementos con las
condiciones térmicas más exigentes.

Tiene una gran interacción con otros sistemas.

Importancia relativa: 3 % en peso, 2–5 % en coste.
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Control Térmico

Control Térmico: Requisitos

Ejemplo de márgenes de T para elementos de un veh́ıculo:

! !
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Control Térmico

Control Térmico: Requisitos

Tipos de requisito:
Rangos de temperatura: p. ej., Sistemas electrónicos/baterias
(0–20oC)
Gradiente máximo (espacial) de temperaturas: p. ej. Elementos
estructurales (< 2 K/metro)
Variación temporal máxima de temperatura: p.ej. sensores
CCD (< 0,1 K/min), telescopio criogénico (< 100 µK/min).
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Balance Térmico

La temperatura es el resultado del balance de calor.
Mecanismos de transmisión:

Conducción (interior del veh́ıculo) ~q = −k∇T .
Convección (interior del veh́ıculo)
Radiación (exterior del veh́ıculo: mecanismo dominante), va
como T 4.

Balance entre:
Fuentes—Calor generado por Joule y rozamiento
Ganacias—Calor absorbido por radiación de cuerpos calientes
Pérdidas—Calor cedido al espacio/cuerpos fŕıos

! !

!"#$"%&'())*+&$,$)%&-.))*+&

! "%&'())*+&/$.&01.$2+3*'%2$.&$)%&04)0%

! "%&-.))*+&/$4$014-52$'.$(&$63(*'%$.&$7%-*7*.&0%

"42%$89

:&43%;<4$1.2*20.&)*4

! !

!"#$%&'(&)(*+

! ,)-&)(*+$'.$/0&+)1

" 2+3.45&+'6

" 7.5(8&+'6

! /&5&$.9(:(*+$;$<=:653(8('&'

! 7.>(+()(6+.:

" <=:653(8('&'$:60&5$?
:

" ,9(:(8('&'$:.9(.:>@5()&$A
B$

64 / 74



Subsistemas
El entorno de un veh́ıculo espacial

Introducción a los sistemas de un veh́ıculo espacial

Sistema de potencia eléctrica
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Balance Térmico con radiación

Puesto que en el espacio la única interacción térmica posible
es mediante el mecanismo de radiación, los posibles
intercambio térmicos radiantes son los siguientes:

Radiación solar directa
Radiación solar reflejada en cuerpos planetarios cercanos
(albedo)
Radiación térmica emitida por cuerpos planetarios cercanos
(radiación planetaria)
Radiación emitida hacia el espacio profundo

Las tres primeras fuentes son positivas y la cuarta es negativa;
el equilibrio se alcanzará cuando la suma de los tres primeros
y la generación interna del veh́ıculo igualen la cuarta fuente.

Influirá mucho la geometŕıa: forma y superficie expuesta.
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Radiación del sol y albedo según el planeta

Tabla con radiación solar Js según el
entorno planetario
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The solar radiation intensity outside the Earth's atmosphere and at the Earth's average 
distance from the Sun (l AU) is called the solar constant and is about 1371 ± 5W/m2• 
The solar radiation intensity Is at any other distance d from the Sun can be found from 
the simple relationship 

P Is=--4rrdl (11.1) 

where P is the total power output from the Sun, 3.856 x 1 <J26 W. Table 11.2 shows the 
resulting variation in solar intensity that can be expected at the average distance from the 
Sun of each of the planets in the solar system. 

The angle subtended by the Sun in the vicinity of the Earth (at 1 AU from the Sun) is 
about 0.5°. This means that the sunlight incident on a spacecraft can, for thennal control 
purposes, be regarded as a parallel beam emanating from a point source. This is not true, 
however, for spacecraft whose mission takes them very close to the Sun. 

The fraction of the solar radiation that is reflected from the surface and/or atmosphere 
of a planet is known as the planetary albedo. Its value is highly dependent on local surface 
and atmospheric properties. For example, for the Earth, it varies from as high as 0.8 from 
clouds to as low as 0.05 over surface features such as water and forest [2,3). Fortunately 
for the thennal engineer, such changes occur rapidly in relation to the thennal inertia of 
most spacecraft, and an orbital average value can be used for thennal design purposes. 
For the Earth, this is in the range 0.31 to 0.39. Table 11.2 lists the albedo values [4] for 
the planets of the solar system. The reader should be aware that measuring the albedo of 
the more distant planets is not an easy task and that the quoted figures should be treated 
with caution. Although the spectral distribution of albedo radiation is not identical to 
that of the Sun, as is evidenced by the diverse colours of planetary surface features, the 
differences are insignificant for thermal engineering purposes and can be ignored. 

The intensity of the albedo radiation, la, incident on a spacecraft is a complex function 
of planet size and reflective characteristics, spacecraft altitude and the angle f3 between 
the local vertical and the Sun's rays. This can be expressed in tenns of a visibility factor 
F as follows: 

Table 11.2 Planetary solar constants and albedo values [2,3) 

Planet 

Mercury 
Venus 
Earth 
Moon 
Mars 
Jupiter 
Saturn 
Uranus 
Neptune 
Pluto 

Solar radiation intensity, J. 
(percentage of solar intensity at I AU) 

667 
191 
IOO 
IOO 
43.1 

3.69 
1.10 
0.27 
0.11 
0.064 

Planetary albedo, a 

0.06-0.10 
0.60-0.76 
0.31-0.39 

0.Q7 
0.15 

0.41-0.52 
0.42-0.76 
0.45-0.66 
0.35-0.62 
0.16-0.40 

(11.2) 
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Visibility factor F 

Figure 11.2 Spacecraft albedo irradiation. f3 is the angle between the local vertical and 
the Sun's rays 

For the purpose of calculating albedo radiation inputs, the Earth can be regarded as 
a diffuse reflecting sphere, in which case the visibility factor varies approximately as 
shown in Figure 1 1.2. 

lt is emphasized that the above treatment is approximate. For complex spacecraft. 
particularly in low orbits, accurate calculation of albedo inputs may need to be perfonned 
as a function of orbital position for each external surface element. These are complicated 
calculations for which specific software tools are available. 

11.2.2 Planetary radiation 

Since the planets of the solar system all have nOD-zero temperatures, they all radiate heat. 
Because of its relatively low temperature, the Earth radiates all of its heat at infrared 
wavelengths, effectively between about 2 and 50 IJ.m with peak intensity around 10 IJ.m. 
For this reason, the radiation is often referred to as thermal radiation. The spectral dis-
tribution of the Earth's thennal radiation is shown in Figure 11.3 [2). The atmosphere is 
essentially opaque over much of the infrared spectrum, with important transparent win-
dows at around 8 and 13 IJ.m. The radiation that a spacecraft sees is hence composed of 
radiation from the upper atmosphere, radiating with an effective black-body temperature 
of 218 K. Superimposed on this is radiation from the Earth's surface passing through the 
infrared windows. Since terrestrial temperatures vary with time and geographical loca-
tion, the intensity Ip of the thennal radiation incident oil orbiting spacecraft can also be 
expected to vary with time and position around the orbit. In fact, because of the Earth's 
large thennal inertia with respect to diurnal and seasonal changes and the spacecraft's 

La radiación planetaria Jp depende
del planeta. Para la Tierra se suele

usar la fórmula Jp = 237
(
Re
r

)2
,

donde Re es el radio de la Tierra.
Emite a unos 218 K.

El albedo Ja se calcula como
Ja = JsaF , donde a depende
del planeta y F es el factor de
visibilidad que depende de la
altitud y del ángulo β entre la
vertical local y los rayos
solares.358 THERMAL CONTROL OF SPACECRAFT 

The solar radiation intensity outside the Earth's atmosphere and at the Earth's average 
distance from the Sun (l AU) is called the solar constant and is about 1371 ± 5W/m2• 
The solar radiation intensity Is at any other distance d from the Sun can be found from 
the simple relationship 

P Is=--4rrdl (11.1) 

where P is the total power output from the Sun, 3.856 x 1 <J26 W. Table 11.2 shows the 
resulting variation in solar intensity that can be expected at the average distance from the 
Sun of each of the planets in the solar system. 

The angle subtended by the Sun in the vicinity of the Earth (at 1 AU from the Sun) is 
about 0.5°. This means that the sunlight incident on a spacecraft can, for thennal control 
purposes, be regarded as a parallel beam emanating from a point source. This is not true, 
however, for spacecraft whose mission takes them very close to the Sun. 

The fraction of the solar radiation that is reflected from the surface and/or atmosphere 
of a planet is known as the planetary albedo. Its value is highly dependent on local surface 
and atmospheric properties. For example, for the Earth, it varies from as high as 0.8 from 
clouds to as low as 0.05 over surface features such as water and forest [2,3). Fortunately 
for the thennal engineer, such changes occur rapidly in relation to the thennal inertia of 
most spacecraft, and an orbital average value can be used for thennal design purposes. 
For the Earth, this is in the range 0.31 to 0.39. Table 11.2 lists the albedo values [4] for 
the planets of the solar system. The reader should be aware that measuring the albedo of 
the more distant planets is not an easy task and that the quoted figures should be treated 
with caution. Although the spectral distribution of albedo radiation is not identical to 
that of the Sun, as is evidenced by the diverse colours of planetary surface features, the 
differences are insignificant for thermal engineering purposes and can be ignored. 

The intensity of the albedo radiation, la, incident on a spacecraft is a complex function 
of planet size and reflective characteristics, spacecraft altitude and the angle f3 between 
the local vertical and the Sun's rays. This can be expressed in tenns of a visibility factor 
F as follows: 
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Figure 11.2 Spacecraft albedo irradiation. f3 is the angle between the local vertical and 
the Sun's rays 

For the purpose of calculating albedo radiation inputs, the Earth can be regarded as 
a diffuse reflecting sphere, in which case the visibility factor varies approximately as 
shown in Figure 1 1.2. 

lt is emphasized that the above treatment is approximate. For complex spacecraft. 
particularly in low orbits, accurate calculation of albedo inputs may need to be perfonned 
as a function of orbital position for each external surface element. These are complicated 
calculations for which specific software tools are available. 

11.2.2 Planetary radiation 

Since the planets of the solar system all have nOD-zero temperatures, they all radiate heat. 
Because of its relatively low temperature, the Earth radiates all of its heat at infrared 
wavelengths, effectively between about 2 and 50 IJ.m with peak intensity around 10 IJ.m. 
For this reason, the radiation is often referred to as thermal radiation. The spectral dis-
tribution of the Earth's thennal radiation is shown in Figure 11.3 [2). The atmosphere is 
essentially opaque over much of the infrared spectrum, with important transparent win-
dows at around 8 and 13 IJ.m. The radiation that a spacecraft sees is hence composed of 
radiation from the upper atmosphere, radiating with an effective black-body temperature 
of 218 K. Superimposed on this is radiation from the Earth's surface passing through the 
infrared windows. Since terrestrial temperatures vary with time and geographical loca-
tion, the intensity Ip of the thennal radiation incident oil orbiting spacecraft can also be 
expected to vary with time and position around the orbit. In fact, because of the Earth's 
large thennal inertia with respect to diurnal and seasonal changes and the spacecraft's 
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Radiación

Se pueden definir coeficientes para parametrizar estos
intercambios según el material superficial:

Absortividad solar α, parámetro que determina cuanta
radiación recibe el cuerpo del Sol.
Emitividad semiesférica ε, parámetro que determina cuanta
radiación emite el cuerpo al espacio en el infrarrojo. También
determina cuanto recibe de la radiación planetaria.

362 THERMAL CONTROL OF SPACECRAFT 

is basically composed of radiation either at 'visible' wavelengths or in the infrared. It is 
this feature that makes spacecraft thermal control possible. For the spacecraft thermal 
control engineer-

a means' the absorptance of a surface to solar radiation (peak intensity at about 
0.45Ilm)-it is therefore often referred to as the 'solar absorptance'. 

S means the emittance of a surface radiating in the infrared region (peak intensity at 
about 10 Ilm)-it is therefore often referred to as the 'infrared emittance'. 

Note that, according to Kirchhoff's law, the absorptance of a spacecraft to planetary 
radiation is equal to its infrared emittance, s. 

By way of an example, let us consider a simple spacecraft in Low Earth Orbit (LEO). 
For the sake of convenience, let us assume a polar orbit that does not suffer from eclipses 
(a so-called dawn-dusk orbit-see Chapter 5) and let us furthermore assume that our 
spacecraft has a high thermal inertia and is isothermal. We have 

heat received directly from the Sun = JsaAsolar 
albedo contribution = JaaAalbedo 
planetary radiation contribution = Jps ApIanetaJy 
heat radiated to space = CTr4eAsurface 
internally dissipated power = Q 

where AsoI." Aalbedo and AplanetlU)' are the projected areas receiving, respectively, solar, 
albedo and planetary radiation, and Asurface is the spacecraft total surface area. If we 
assume that Js, Ja, Jp and Q remain constant, our spacecraft will acquire an equilibrium 
temperature r given by 

(AsoJarJs + AalbedoJa)a + AplanetaJyJpe + Q = AsurfaceCTr4S 

Hence 
r4 = ApJanelal}'Jp + Q + (AsolarJs + AalbedoJa) 

A surface a AsurfaceCTe AsurfaceCT e 
(11.7) 

. 
So once again we see that the spacecraft temperature is dependent on the ratio a / e, 
particularly for spacecraft for which Q is small. For simplicity. let us assume a spherical 
spacecraft, radius r, for which 

Asurface = 41!'?, Asolar = Aalbedo = ApJanetaJy = 1I'I?-. Q = 0 
Ja = 0.33F J.(Earth albedo a = 0.33). 
Jp = 220W /m2(corresponding to an orbit altitude of around 240km) 

Then equation (11.7) reduces to 

r4 = 9.70 x 108 +4.41 x 106 (1 + 0.33 F) Js 

For Js = 1371 W/m2• F = 0.15 (from Figure 11.2) and a black paint finish for which 
ale = 1. our spacecraft equilibrium temperature is about 293 K or 20°C. 
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If we now tum the orbit plane until the spacecraft passes through the Earth's shadow, 
the heat absorbed from the Sun (directly and as albedo) will be redUced. Assuming a 
sufficiently high thermal inertia, a new equilibrium temperature will be obtained. Let 
us consider the case in which the Earth-Sun vector lies in the plane of the orbit. This 
will evidently give the minimum time in sunlight, which, for a LEO spacecraft at an 
altitude of 240 km, is about 59% of its orbit period. Under these conditions, an average 
albedo visibility factor can be estimated from Figure 11.2 for the iJIuminated part of 
orbit, F'" 0.7. Note that the albedo radiation is zero during eclipse. The new. equilibrium 
temperature will then be obtained from 

r4 = 9.70 x 108 + 5.43 X 106 Js f 

Table 11.3 Equilibrium temperatures for a simple spacecraft in LEO 

Surface finish White paint Black paint 
a = 0.15 a =0.9 
8 =0.9 8=0.9 

No eclipse -61°C +20·C 
Maximum eclipse -70·C -2·C 

Table 11.4 a and E values for several surfaces and finishes [5,6,7] 

Electroplated gold 
a =0.25 
8 =0.04 

+176·C 
+138°C 

Surface Absorptance (a) Emittance (8) ale 

Polished beryllium 0.44 om 44.00 
Ooldized kaplon (gold outside) 0.25 0.D2 12.5 
Gold 0.25 0.04 6.25 
Aluminium tape 0.21 0.04 5.25 
Polished aluminium 0.24 0.08 3.00 
Aluminized kapton (aluminium outside) 0.14 0.05 2.80 
Polished titanium 0.60 0.60 1.00 
Black paint (epoxy)' 0.95 0.85 1.12 
Black paint (polyurethane) 0.95 0.90 1.06 

-electrically conducting 0.95 0.80-0.85 1.12-1.19 
Silver paint (electrically conducting) 0.37 0.44 0.84 
White paint (silicone) 0.26 0.83 0.31 

-after 1000hours UV radiation 0.29 0.83 0.35 
White paint (silicate) 0.12 0.90 0.13 

-after 1 000 hours UV radiation 0.14 0.90 0.16 
Solar cells, OaAs (typical values) 0.88 0.80 1.10 
Solar cells. Silicon (typical values) 0.75 0.82 0.91 
Aluminized kapton (kapton outside) 0.40 0.63 0.63 
Aluminized FEP 0.16 0.47 0.34 
Silver coated FEP (SSM) 0.08 0.78 0.10 
(OSR) 0.07 0.74 0.09 
Note: SSM. Second Surface Mirror. 
OSR. Optical Solar Rellector. 67 / 74
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Balance térmico

Los siguientes términos aparecen en el balance térmico:
Calor recibido del sol: JsαAsolar , donde Asolar es el área
expuesta al Sol.
Contribución del albedo: JaαAalbedo , donde Aalbedo es el área
expuesta al albedo planetario.
Calor emitido al espacio: σT 4εA, donde A es el área total, y
σ = 5,67× 10−8W /m2K 4 es la constante de
Stefan-Boltzmann.
Contribución de radiación planetaria JpεAplanetaria, donde
Aplanetaria es el área expuesta a la radiación planetaria.
Q, calor generado internamente.

Se tiene: JsαAsolar + JaαAalbedo + JpεAplanetaria +Q = σT 4εA.
Suponiendo hipótesis simplificadores (p.ej. una esfera con
acabado superficial uniforme y sin generación interna de calor
se puede estimar la temperatura de equilibrio en función de las
propiedades de la superficie).
La realidad es más compleja (varios tipos de superficie,
transitorios, generación interna...) 68 / 74
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Control Térmico

Ejemplo de cálculo de temperatura de equilibrio

! !

!"#$%&'(&)(*+
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Ejemplo real

Telescopio Apollo:

! !

!"#$%&'())*(+#&#,'%-'(.%'&'
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Control Térmico: Dispositivos

Objeto: Conseguir y mantener en el veh́ıculo espacial una
temperatura adecuada para sus componentes.

Clasificación atendiendo al consumo de enerǵıa:

Pasivos
Activos

! !

!"#$%&'()'

! *+$'&,&#$#&-%../%).#"00$1$2

" 3$'&4)'

" 5"(&6$'&4)'

" 7#8&4)'

! *)%80)4"0'&$."%.'&.%"#"'&1$1.1"."%"09:$."'.
&%;"0"%8".$+.,<%#&)%$(&"%8)

! =<%1$("%8)'>

" ?$0&$0.#$0$#8"0:'8&#$'.0$1&$8&4$'./;$#&$."@8"0&)02

" !)1&,&#$0.+$.#)%1<##&-%A#)%4"##"##&-%./&%8"0&)02

Fundamentos:

Variar caracteŕısticas radiativas (hacia exterior)
Modificar la conducción/convección (interior)
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Dispositivos Externos

Capa térmica (pintura blanca, oro)

! !

!"#$%&'()'*+$#&$*",*"-."/&)/

! 0$1$*.2/(&#$*31&%.4/$*5,$%#$6*)/)7

! !4,.&*8$9"/*:%'4,$.&)%*3;$1.)%6*!9,$/7

! 8)4<"/'

! =$>&$>)/"'*

Multi Layer Insulation (Kapton,
Mylar)

Radiadores

! !

!"#$%&'()'*+$#&$*",*"-."/&)/

! 0$1$*.2/(&#$*31&%.4/$*5,$%#$6*)/)7

! !4,.&*8$9"/*:%'4,$.&)%*3;$1.)%6*!9,$/7

! 8)4<"/'

! =$>&$>)/"'*

Louvers

! !

!"#$%&'()'*+$#&$*",*"-."/&)/

! 0$1$*.2/(&#$*31&%.4/$*5,$%#$6*)/)7

! !4,.&*8$9"/*:%'4,$.&)%*3;$1.)%6*!9,$/7

! 8)4<"/'

! =$>&$>)/"'*
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Dispositivos Internos

Conducción sólida

Calentadores eléctricos

Interruptores térmicos

Circuitos de convección:
convencionales con bomba
(aire/agua/freón).

! !

!"#$%&'()'*+$#&$*",*&%-".&).

! /0').1".*23%-$'

" 4$(0&)'*5"*6$'"*72$.$6&%$8

! 4)%53##&9%

" 4)%53#-&1&5$5*'9,&5$

" 4)%1"##&9%

! 4&.#3&-)'*#)%*0)(0$*7/&.":*$;3$:*<."9%8

! ="$-*2&2"'*7/()%&$*>/,3(&%&)8?*

" 4$,"%-$5)."'*",@#-.&#)'

" A%-"..32-)."'*-@.(&#)'

!"#$%&&&'%&()$*)&+#!,-),&.$)/0,1&+#!,-),&234&526&2-$*7"89::;))<46=>?@ABCD17

Heat Pipes/Pipe tubes: convección con
cambio de fase.

No requiere enerǵıa adicional, transmite
hasta 200–300 veces más calor que una
barra de cobre y funciona con poco ∆T.

! !

!"#$%&'()%*+,)-

! ./%0)1+')0)%)2)0345

! "5-*5%6778977%:);)-%<=-%1+)%+25%,5005%>)%
;/,0)

! ?5(5@%>)%*052-<'*'0%;/2%(/;/%AB

Mecanismo para absorber picos: sólido
que cambia de fase, p.ej. parafina (funde
a temperaturas similares a las internas del
satélite, en estado ĺıquido sigue
conduciendo calor, y es barata). 73 / 74
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Ejemplos de sistema de control térmico

Diagrama del sistema de control térmico de la ISS:

! !

!"#$%&'()*()++(,-.+
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